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director was Mr. James Pruner.
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Section 1

INTRODUCTION

This report is about gust alleviation, structural mode and maneu-
ver load control, three technical areas of interest that are in a continuous
state of theoretical and practical development. The results outlined in this
report suggest some design criteria and control system synthesis techniques
for gust alleviation, structural mode and maneuver load control. No new
theory was developed. It was not necessary to do so. Outstanding new theore-
tical developments in the area of automatic control have been amply published
in the literature during the past decade. Some of this newer theory is used
in this report but it also links the conventional, frequency domain oriented
control system design methods to the newer, optimal control techniques based

upon state space system representations.

The original objective of the research described in this report
was to investigate active control techniques, develop design procedures,
design a system and, finally, flight test the system: a complete cycle from
applied research to practical application. However, shortly into the program
it was decided by NASA not to continue this effort beyond the initial study
phase because of a redirection of funds which had been budgeted. The empha-
sis of this program then shifted to providing guidelines and design procedures

for active control technology application.

The aircraft for which the initial work was directed was the Total
In-Flight Simulator (TIFS). This aircraft is ideally suited for the type of
research proposed. The vehicle required only a relatively minor modification,
the provision for collective aileron operation, to provide a facility that has
an extraordinary range of proof-of-concept capability with little initial
financial investment; a versatile and cost effective fly-before-buy vehicle

for active control technology development.



The TIFS aircraft, a converted C-131H (CV-580), is fully instru-
mented with accelerometers, rate and attitude gyros, and a complete, fully
calibrated and accurate air data system that provides inertial and gust com-’
ponents of air data measurements. It contains an unusually versatile control
system with wide bandwidth servos driving six independent force and moment
producing devices on the vehicle. Every rigid body state variable is measured
and can be used for feedback to each or any of the six controllers. A large
computer exists onboard for feedback control law, gain scheduling or command
augmentation purposes. The techniques developed through the use of the TIFS
aircraft are directly applicable to existing or proposed aircraft design.
Also, the unique capability of the model-following system of TIFS provides for
an in-flight simulation capability suitable to support evaluation of the fly-
ing qualities consequences of active control technology application to a wide
range of existing and proposed vehicle designs. Thus, it would be a relative-
ly simple matter to conduct flight test programs to simulate actively con-
frolled, contemporary wide-body jets, determine their performance, and assess

their acceptability potential.

Section II of this report describes the general philosophy and de-
sign concepts that were developed for active control technology use. The em-
phasis is on criteria, a fundamental step in any design objective that is in
danger of being sidestepped in active control technology development. Opti-
mal or modern control design principles are emphasized because explicitly
stated design objectives can be directly rather than indirectly injected into
the design procedure. Finally, it shows how the three functional parts of
active control technology; gust alleviation, maneuver load control and struc-
tural mode control can be separated, producing physically identifiable separ-
ate parts to the system that can be operated separately or in harmony with
each other without direct interference. Because the actual benefits of active
control technology for commercial flight vehicles have yet to be proven cost
effective and energy efficient, a separation of the active control subsystems

is useful for the demonstration phase of active control technology development.



Section III addresses the modeling problem. The complete aero-
elastic equations of motion were obtained for the TIFS airplane through the use
of the FLEXSTAB program. The results of the analytically computed model were
then compared to experimentally obtained data such as ground vibration tests,
quasi-static values of the rigid body stability and control derivatives ob-
tained using flight data and Bayesian Maximum Likelihood identification proce-
dures, and transfer functions estimated from 'frequency sweep' inputs to the
direct 1ift flap and elevator servos. Methods were devised for gradually
adjusting the analytically determined mathematical model as data becomes avail-
able from flight tests of the vehicle. An important objective of this part
of the program was to determine how accurately FLEXSTAB could predict the aero-
elastic equations of motion of a high aspect ratio, turboprop transport air-

craft such as TIFS.

Section IV addresses the problem of the design of a gust allevia-
tion system. For reasons of simplicity and potential effectiveness, the feed-
forward gust compensation ‘technique was investigated rather than a feedback
approach to the problem. It is shown that effective gust alleviation can be
obtained by using a measurement of the gust and by driving the control surfaces
in a way that produces forces and moments on the vehicle to counter those forces
and moments produced by gusts. Independent, redundant control surfaces as
proposed for active control are a functional bonus for this type of design

approach.

Section V outlines design procedures to make the most effective
use of available control surfaces for maneuver load control purposes. The
objectives of the maneuver load control design were to minimize wing bending
moments, wing torsion and control surface activity while at the same time
maintaining or even enhancing the flying qualities of the vehicle itself., It
is shown that maneuver load control systems can be mechanized either as feed-
back or command augmentation. The final configuration is shown as command

augmentation, simplified for direct use on the TIFS aircraft.

Design criteria and control laws are developed in Section VI for
structural mode control. A general criteria is presented for altering the
3



structural dynamics of the vehicle in such a way that increasingly more
accurate approximations to a rigid body are specifiable in a minimum integral
error squared sense. The control problem is then shown to have a relatively
straightforward pole placement requirement. By a systematic extension of the
phase variable form of system description used in parameter identification
phase of the program, control laws are specified for both state variable and

output variable form.

Section VII contains conclusions and recommendations. They are
extensive because so much theoretical and application work has yet to be
done, not only before active control systems can be optimized and flight pro-
ven, but even before they can be justified and properly designed from a math-

ematical/theoretical point of view.



Section II

GENERAL DESIGN PRINCIPLES

2.1 INTRODUCTION

There were four primary objectives for this program:

1.

A comparison was made of aero-elastic equations of motion of
the TIFS aircraft computed analytically with aero-elastic
equations of motion obtained from in-flight test data. Vali-
dation of the analytical model and methods for updating the
model from actual flight test data were developed and ap-
plied to TIFS.

The problems of criteria and feedback control laws for TIFS
to actively control or suppress the structural dynamics of
the vehicle were addressed. A mixture of modern control and
conventional control techniques are shown to be most pro-
mising. Of particular interest was the development of feed-
back control laws not requiring complete state feedback, in
order to minimize the number of sensors required for mechani-
zation or implementation. A criterion was developed that was
intuitively appealing in that it was compatible with beam
theory that specifies an increase in both mode damping ratio
and natural frequencies to obtain more accurate approxima-

tions to a rigid body.

Gust alleviation methods and techniques were studied, both
from the point of view of a feedback system and an open-

loop direct command system to the control surface actuators
to generate forces and moments on the vehicle to counter or

cancel those forces and moments produced by the turbulence.



4. Maneuver Load Control ideas were explored. The objective was -
to devise a procedure that would use the three control sur-
faces — elevator, direct 1lift flap and collective aileron —
in such a way during piloting maneuvers as to accomplish the
desired results of reducing the wing bending moments without

' degrading the flying qualities of the vehicle. A model-
following design procedure was developed that could be used
equivalently as feedback control (implicit model following)
or command augmentation (explicit model following) that
would not only relieve the wing bending moments but also
enhance or improve the flying qualities. Suboptimal and
easily mechanizable approximations to the optimal control

laws were obtained.
2.2 THE MATHEMATICAL MODEL

Analytical techniques for predicting the aero-elastic character-
istics of flight vehicles are under continual development from both a theore-
tical and computer application point of view. Several computer programs have
been written to obtain the mathematical models, and the best known of these
are the FLEXSTAB and the NASTRAN programs. These programs, particularly
FLEXSTAB, are very comprehensive computer programs that yield complete
aero-elastic equations in the conventional state space form, as well as sen-

sor output equation coefficients and loads equations.

The FLEXSTAB program is beginning to be used widely in industry
yet few, if any, attempts have been made to validate or compare the results
of FLEXSTAB with mathematical models derived from actual flight test data.

It was felt important to validate the analytically derived model in order to
predict whether or not control laws designed for structural mode suppression
purposes can use the analytically obtained model or whether flight testing is
required to provide the data needed for a parameter identification of the

aero-elastic vehicle.



A mathematical model derived from flight test data is likely to
be more accurate than one computed analytically. However, a mathematical
model may require thé identification of several hundred parameters, depend-
ing upon the number of elastic degrees of freedom of motion that are to be
individually retained in the model. No system identification technique can
at this time be expected to handle the computational load required to simul-
taneously identify more than 30 or 40 parameters. Therefore, a technique was
developed for a partial or sequential identification of the system dynamics.

This technique and partial results are described in Section III of this report.
2.3 STRUCTURAL MODE CONTROL OR SUPPRESSION

Feedback control for the purpose of altering the elastic degrees
of freedom of motion of a flight vehicle is feasible. A survey of past pro-
grams devoted to this’objective indicates success (References 1, 2, 3, 4) when
criteria were used that were intuitively satisfying. The general objective
was to increase the damping ratio of structural modes or to suppress the mo-
tion at one or several body or wing stations on the vehicle. These designs
generally minimize the elastic effects at one station on the vehicle (usually
the pilot station); and this is acceptable for military aircraft. Because
some of the damping ratios have been increased, the elastic effects have also
been reduced at most other stations on the airplane. For commercial aircraft,

however, it appears more desirable to be able to suppress the motion not only

1. Konar, A. F., Stone, C. R., Mahesh, J. K. and Hawk, M., "Active Control
Synthesis for Flexible Vehicles, Vol. I and II KONPAC'", Honeywell, Incor-
porated, AFFDL-TR-75-146, April 1976.

2. Burris, P. M. and Bender, M. A., "Aircraft Load Alleviation and Mode Stab-
ilization (LAMS)', AFFDL-TR-68-163, November 1969.

3. Burris, P. M. and Bender, M. A., "Aircraft Load Alleviation and Mode Stab-
ilization (LAMS) Flight Demonstration Test Analysis', AFFDL-TR-68-164,
December 1969.

4. Stockdale, C. R. and Poyneer, R. D., '"Control Configured Vehicle Ride Con-
trol System (CCV RCS)'", Air Force Flight Dynamics Laboratory Report
AFFDL-TR-73-83, July 1973.



at the pilot's station, but uniformly along the remainder of the fuselage and

wings as well.

The theory of elastic structures indicates that the elastic mode
frequencies and damping ratios should increase as the structure is made in-
creasingly rigid. Criteria for design of a control system for structural
mode control should reflect this fact. Linear optimal techniques have been
used to derive a criterion,involving only the eigenvalues of the structure,
that will produce a family of approximations to a more rigid vehicle in a
quadratic integral error squared sense. This criterion is independent of
sensors or sensor locations and independent of controllers or their location
on the vehicle. This is also felt to be correct because the description or
definition of an elastic structure should not be dependent upon the particular
instrument used to sense the motion of that structure or the inputs used to

excite or suppress the oscillations of the structure.

The criterion will define how the eigenvalues of the elastic struc-
ture should be altered to produce a better approximation to a rigid vehicle.
The control problem to produce the desired changes in damping ratio and fre-
quency is therefore one of relatively simple and straightforward pole place-
ment. The theory of pole placement is well developed and has been reported

upon extensively in the literature.

Complete pole placement requires, with few exceptions, complete
state feedback using one controller or equivalent. However, it is unreasocnable
to -expect to mechanize a control system using two sensors for each degree of
freedom of elastic motion. Techniques are presented in this report that allow
the designer to generate compensation networks that will serve the same pur-
pose as individual states. The technique is a simplified version of the ob-
server theory of Luenberger, (Reference 5), that allows for output rather

than state feedback. The simplification described in this report need not

5. Luenberger, D. G., "Observers for Multivariable Systems', IEEE Transac-
tions on Automatic Control, Vol. AC-11, pp. 190-197, April 1966.



involve measurements of the control input or intercouplings among the meas-

ured outputs. Section VI of this report describes these techniques.
2.4 - GUST ALLEVIATION

-Structural mode control is a form of gust alleviation. Feedback
regulation of the elastic deformation of a vehicle to produce the effect of
increased mode damping and natural frequencies will significantly alter the
power spectrum of the response of the vehicle in turbulence and not as much
power will appear at the mode frequencies. The increased damping of the modes
will reduce the maximum deflections at the modal frequencies. An increase
in modal frequencies will generally reduce the excitation to those structural
modes because the power spectrum of turbulence ''falls off" fairly rapidly with

increased frequency.

In addition to structural mode control, this program has investi-
gated techniques using direct gust measurements. These gust measurements are
then used to command the control surfaces so as to generate forces and mo-
ments on the vehicle that counter or cancel the forces and moments produced
by the turbulence. Mathematically, this can be described very simply as fol-

lows:

If the motion is described by the linearized equations

}c:/‘x+cu+qu

where F represents the matrix of stability derivatives, 6 the matrix control
derivatives, J the matrix of gust effective terms with & the control vector
and ¥, the gust, then the control surfaces should be commanded by the control

g
law

-7
u, = -G Jv'g



If this control law is mechanized perfectly, then %(Z) = %(4) = ¢
after initial condition transients subside and the aircraft is unaffected by

turbulence.

A study of this approach to gust alleviation is described in Sec-
tion IV. An alternate approach, using feedback to have the effect of reducing
Las and desensitizing the response of the vehicle to gusts was considered and
dismissed as a practical approach.

3

2.5 MANEUVER LOAD CONTROL

An actively controlled aircraft will have more control surfaces
than is necéssary to maneuver the vehicle. Therefore, more can be done than
merely fly through the air. The objective in maneuver load control system
design is to optimally connect or command these surfaces in such a way that
the vehicle flying qualities are preserved or enhanced and at the same time
the wing bending moments, torsion, maneuver drag or other detrimental effects
that accompany flight in the atmosphere are minimized. A trade-off design
procedure, based upon the established and accepted flying qualities criteria,
MIL-F-8785(B), and incorporating the desire to minimize wing bending moments
has evolved from the research of this program. The resulting control laws
can be mechanized either as feedback control (implicit model following) or as
command augmentation (explicit model following). Command augmentation was

chosen for two reasons:

1. The system was more easily simplified from the complete opti-

mal to a good, lower order suboptimal approximation and

2. If mechanized as feedback control it would have to be inte-
grated with the structural mode control system. Physical
disassociation with the structural mode control system allows
for a more functionally simple system and complete separation’
of the design and analysis of the three functional components -—
structural mode cohtrol, gust alleviation and maneuver load

control. 10



2.6 COMPLETE SYSTEM CONFIGURATION

Figure 1 shows the system configuration for structural mode con-

trol, gust alleviation and maneuver load control.

Each part of the system is independent in the sense that each
part has a specific function and specific criteria and can be designed and
analyzed separately. It appears to be a natural, systematic division. Each
part of the system can be operated separately and the sum of the parts is
only marginally synergistic. This approach to active control system design
produces the most straightforward procedure, allowing for clear and easy
assessment or evaluation of every part of the system. With this approach,
it is possible to readily examine each part and determine whether or not the
benefits derived from the implementation outweigh the cost and complexity
of mechanization. At this point in time, there is no reason to believe that
a comprehensive system designed from a synergistic point of view would be

more effective or more desirable.

11
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SYSTEM IDENTIFICATION AND MODELING

3.1 IDENTIFICATION OF THE ELASTIC EQUATIONS OF MOTION

A major portion of this program involved the analytic prediction
of the elastic equations of motion of the TIFS airplane. A description of the
FLEXSTAB computations carried out for TIFS is given in Reference 6. The
flight conditions for which the computations were performed are given in
Appendix B along with the results of the computations. For many of the de-
sign examples shown in this report, the analytically computed TIFS equations
of motion were used. However, it was felt that accurate control law genera-
tion and computation required more accurate definitions of the aero-elastic
equations than could be obtained from FLEXSTAB.

Control law development and definition for structural mode control
requires data in one of two forms, 1) transfer function form if the control
system design is to be done in a classical format using root locus plots or
equivalent or (2) in equations of motion or state space format if optimal or
state space techniques are to be used. Because this report is concerned more
with the advanced or optimal control approach to control system design, it was
felt necessary to evolve a procedure for system identification that would re-
sult in a complete set of equations of motion, the state space form. It was
expected that control laws generated using analytically obtained data and con-
trol laws using equations of motion obtained from the in-flight tests of the
TIFS vehicle could be directly compared in flight. This would have been the
objective of a flight program.

6. Andrisani, D., Daughaday, H., Dittenhauser, J. and Rynaski, E., "The Total
In-Flight Simulator (TIFS).' NASA CR-158965, 1978.

13



3.2 DATA SOURCES

IA number of data sources were available to help in the definition
of the flexible equations of motion of the TIFS vehicle, but each source is
incomplete and has its own inherent degree of accuracy. Each source consti-
tutes a valuable element of the entire picture of- the flexible vehicle and
each contributes to a more accurate description of the aircraft, but none by
itself can be relied upon to serve as a complete mathematical model of the
TIFS to develop ACT control system configurations. The problem is to be able
to combine data sources in such a way that uses all the data and uses it in
such a way that the resultant model can be updated sequentially and systemati-
cally as increasingly more accurate information becomes available, primarily
through analysis of flight test data. The available contributory data

sources are.

1. Complete equations of motion were calculated using the level 2.01
FLEXSTAB program. Mass and stiffness data supplied by Convair
for the Convair 580 and modified by Calspan to conform with
the TIFS configuration as well as TIFS geometry information

was supplied for the FLEXSTAB program.

2. Ground vibration test data was available from the original

TIFS development pefiod.

3. Step and doublet elevator and direct lift flap inputs were
applied to the TIFS aircraft during flight tests of the vehi-
cle. These flight records were then used to obtain estimates
of the quasi-static rigid body stability and control deriva-
tives for TIFS.

4, Bode plot information was obtained from the two TIFS data
.flights No. 488 and 489 conducted in conjunction with this pro-
gram. Discrete sinusoidal inputs varying in frequency from
1 Hz to 12 Hz were used to drive the direct 1lift flaps and the

14



elevator servos. Measurements were taken in still air of the
elevator or direct 1lift flap surface positions, an angle of

attack vane, &,, a rate gyro mounted near the TIFS c.g., 9cy R
and six linear accelerometers located at the simulation cock-

pit pilot location, m, , the aircraft c.g., n the star-

ip
, the tail cone,

deg’

board wing tip, the starboard hori-

n N 3
Swr 3rc
P and forward mid-aft mid-wing stations,
n , and n
7

Frw, dwry,
plane, while the location of the angle of attack vane, the

zontal tail, n

Figure 2 is a photograph of the TIFS air-

rate gyro, and the normal accelerometers are indicated in:
Figure 3. A compilation and description of these and all other
TIFS instrumentation, gust computations and the recording sys-

tem is presented in Reference 6.

As could be expected, significant differences existed between
Bode plot information obtained analytically as a result of the FLEXSTAB com-
putations and Bode plots measured directly during the flight tests of TIFS.
Seven modes of elastic motion were retained from the FLEXSTAB computations,
with frequencies ranging up to about 18 Hz, yet the Bode plots obtained in
flight contained information only to 12 Hz, so the measured data does not
contain significant higher mode information. The FLEXSTAB computations re-
sulted in conventional time domain equations while the measured data was in

frequency domain, Bode plet form.

The problem is to combine or use all the data sources available
to produce as accurate a mathematical model of the flexible equations of mo-
tion of TIFS as possible. The experimental data is to be considered most
accurate, although incomplete, so some FLEXSTAB results will be used to sup-
plement the measured data, i.e. to supply that information not obtained in
flight. The approach taken was to transform the FLEXSTAB results into a
phase variable or transfer function form, then replace the characteristic
polynomial obtained from FLEXSTAB with the characteristic polynomial obtained

from the flight measured Bode plot information. In addition, the numerator
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polynomials of the in-flight estimated transfer functions were used to re-
place selected rows of the phase variable transformation matrix. This proce-
dure is outlined below.

3.3 PROCEDURE FOR COMBINING DATA SOURCES

3.3.1 Manipulate FLEXSTAB Computational Results Into a State Space Format

The FLEXSTAB equations of motion were obtained in the general

form

Ax = Bx + Cu (3-1)
Simply by pre-multiplying Equation (3-1) by A_7, the equations become

x = Fz + Gu (3-2)

-1 - . . .
where A= A" 'B and G=A""¢C. Equation (3-2) is the conventional state space
form. The state variables and control variables have been defined as

x’= [AV’ AZ, g, A6, 7, H2: M35 Nas> Nss Mo+ W7o '?1’ ’éz’ ’7-3= "?4’ Vs s e '77]

ur= [53 5 59} 8(;,4]

The p; are the normal mode variables and the n; are the time
derivatives. The control variables are 6}A , the collective aileron deflec-

tion, 63, the direct 1lift flap deflection and 6& , the elevator deflection.

3.3.2 Substitute In-Flight Identified Rigid Body Stability and Control

Derivatives

The state space equations of motion, Equation (3-2), can be par-

titioned as follows:
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. f
%4 Fri ) Fra. ¥, Gy (3-3)
= 2 | m e e = e | |- w
X, F21 1\ Fzz ) 2 (3-4)
L | B

where z,r= _AV, Ac, g, Aéj] , the rigid body variables and x; represents

the remaining normal mode variables and derivatives. During steady state man-
euvers, it can be assumed that the derivatives of the normal mode variables

are zero, i.e. X, = O and the equations can be reduced in order as follows:

xq Fr1 1 12 x4 &, (3-5)
e Bl el § EE S BN et %)
o Far v Fez || %2 G2 (3-6)

Solving Equation (3-6) for x, yields

~7 . -1
Xy = ~Faz Fz X, ~Faz G u (3-7)

and substituting into Equation (3-5) yields

[F,, - Fi2 Fz-;., Fzz]z, + [61 “52/‘_25,62]“

z,
Fx, + Gu

The quasi-static stability and control derivatives that are ob-
tained using time domain advanced parameter identification techniques are
those of Equation (3-8) if the model form is specified as a rigid body model.
Normally, the corrections to rigid body terms given by—fﬁzf;:F;,and.-fﬁzF};nsz
are small, and to test this assumption, the complete aero-elastic equations
were gradually reduced in order using Equation (3-8) to determine how the
rigid body results change as fewer and fewer normal modes were included in
the mathematical description of the TIFS airplane. These results are shown
in Appendix A. The short period and phugoid dynamics changed negligibly be-

tween a completely rigid and a quasi-static vehicle description.
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It was assumed then that the rigid body stability and control
derivatives calculated by FLEXSTAB could be replaced with values obtained
in flight using advanced parameter identification techniques. Multi-iterated,
extended Kalman filter parameter identification methods yielded accurate esti-

mates.

The first modification to the FLEXSTAB results was to replace the
rigid body stability and control derivatives with the quasi-static values
obtained by parameter identification from in-flight data. These results are

shown in Table B-10 of Appendix B.

3.3.3 Modification of Mass and Stiffness Distributions

Table A-1 of Appendix A shows the in-vacuum normal mode frequen-
cies and damping ratios computed by FLEXSTAB and the normal mode frequencies
and damping ratios obtained from the original ground vibration tests of the
TIFS aircraft. The agreement is reasonable, but it was decided to apply a
correction to the TIFS mass and stiffness distributions in such a way that
closer correspondence was obtained between the ground vibration test results
and the calculated FLEXSTAB mode frequencies. The normal mode frequencies and
damping ratios calculated from FLEXSTAB after the modifications are also shown

in Table A-1 of Appendix A.

3.3.4 Addition of Servo Dynamics to FLEXSTAB Equations

The Bode plot data obtained from the flight records included meas-
urements of the command input to the elevator and direct 1lift flap servos as
well as direct 1lift flap and elevator surface position. Examination of the
records indicated that the servos can be approximated by first order mathema-

tical models and expressed in the usual form
= Fu+ G u, (3-9)

and appended to the calculated FLEXSTAB equations
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xR
N
Q
®
Q

- - + u (3-10)

or ﬁi’A = Faxg + Gplug (3-11)

An estimate of the servo bandwidth for a direct lift flap was also made and

added in Equation (3-10) so the state and control vectors become:
T

[+7 ]
T

[« ]

[Av, 76, g9, L, 6, , 3}, Scarn, - . :7,77] (3-12)

I—_SCG ’ S}C H) Scnc:] (3"13)

1]

Equations (3-12) and (3-13) indicate first order servo dynamics
for the direct 1lift flap and the elevator servos. Both first and second
order approximations to the control surface servo dynamics were made. These
approximations are given in Appendix D. If second order servos were to be
3

incorporated into the state space equations, then the states 6? and &
would have had to be included in Equation (3-12).

3.3.5 Transform to a Measurable Set

There is nothing unique or even particularly desirable about the
particular set of state variables of Equation (3-12). The normal mode vari-
ables (#; ) and derivatives ('é;) cannot be measured directly in flight. In-
stead, functions of particular variables including the normal mode variables,
are measured with accelerometers, gyros and air data vanes, and the outputs of
these instruments were recorded during the TIFS flights. An output equation
was calculated using the FLEXSTAB program to reflect the actual measurements
used in flight. Ten direct measurements of the TIFS dynamic motions were made
in flight, so the output matrix is of dimension 10 x 21. It is desirable to
transform the original state vector into a new space that includes the meas-
ured outputs as variables of the new space, so an identity matrix of dimen-

sion 11 was appended to the output matrix as
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3 = Hz O (3-14)

y
s ?
/—/,ole( ensor outputs)

where Mo = — - ===

: 3-15
% : I/l XII' ( )

]
and

7 = 3-16
3 [AV, Ae, ?Jdal 6\616}9 864)”3P’n3c99 nswr’”%rc’”s”r, ”’Wr, ( )
He * " " P25 e ” " 74
The matrix H is now a square, non-singular matrix and the aero-

elastic equations can be transformed into a new basis or state space set in

3 , as
3= HEH s + HEyu, (3-17)

This equation now yields the FLEXSTAB equations of motion with the
sensor outputs actually used during the flight test program represented direct-
ly as states of the aero-elastic equations of motion of the TIFS vehicle. The

. . . T X . .
sensor output equations, defining the matrix H', is given in Appendix A.

3.3.6 Reduce Dimensionality of the Elastic Equations

Two of the seven modes computed by FLEXSTAB had natural frequen-
cies in the neighborhood of 18 Hz, well above the range of input frequencies
for the experimentally obtained Bode plots and significantly higher than the
bandwidth of the direct 1ift flap servo (approximately 9 Hz) or that of the
elevator, which was planned to have a bandwidth of approximately 6 Hz. A
feedback control system designed for structural mode control will have very
minimal effect on those modes whose frequencies are significantly higher than
the bandwidth frequency of the control surface servos, so it was decided to
delete from the elastic vehicle description the two highest frequency modes
of elastic motion using the residual flexibility method of dimensionality re-

duction given by Equation (3-8).
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The resulting equations of motion will be expressed in the follow-
ing form

3, = A3, + Bu

.(3—18)
= As, + B, 8,‘,m t B2, * By ¢,

Matrix A of Equation (3-18) is of dimension 17 x 17 when the two
highest frequency modes are deleted from Equation (3-16).

The discrete sinusoidal inputs to the TIFS airplane were injected
into the direct 1lift flap servo and the elevator servo separately. So for any
set of flight test data, only one servo was commanded and the other servo

commands were zero. The mathematical model of TIFS for one command input, )

3e

s

for instance, can be represented by the equation

3= A3 + 8 536 (3-19)

where matrix A is of dimension 15 x 15 and

r ..
3, < I:AV’AB’ g Aa"s% ® n%p’ nécg’ n'éwr 2M37e° nSHr’n'a‘my’ Ha+Nsr Ng» '75:| (3-20)
A separate and different mathematical model can, of course, be
easily obtained for the other two command inputs, Séc and Scnc’ shown in

Equation (3-18).

3.3.7 Transform to Phase Variable Form

The mathematical model representation of the TIFS aircraft given
by Equation (3-19) can be transformed into the phase variable or transfer
function form. This form defines a new basis for the equations of motion

(3-19) such that each of the elements of the resulting system matrix and
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transformation matrix can be directly identified as eithef a coefficient of the
characteristic polynomial of Equation (3-19) or of the numerator coefficients
of the transfer functions of the states of Equation (3-19) with respect to the
command input to the direct 1lift flap.

The purpose for doing this is that the phase variable form yields
transfer functions. The flight data yielded Bode plots for all the measura-
ble quantities. Because Bode plots can be obtained directly from transfer
functions, or vice versa, the phase variable form of a mathematical model for

TIFS is directly compatible with the data taken during flight.

The phase variable form is defined as follows. A transformation T
is defined that transforms the state vector of Equation (3-19) into an ortho-

gonal set yielding a system description
y= oy * G 530 (3-21)

by a canonical transformation

»

Ji = 7—6‘}{" (3—22)

The system matrices are of the form

[0 7 00 + - -« 0 0] o]
c o r o0 - -~ - - 0 .
F; = hd ) ~ ° 6-0 = .
0 S O (3-23)
o - . . - 0 7 0
_'do -d1 . . - . . - . —dﬂ__L L/ |
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The coefficients tii of the last row of F; are obtained from

the coefficients of the characteristic polynomial of the system matrix of
Equation (3-19), i.e.

n-2

lIs —A,l =s"+d,_, s" 74 ey 25 * - - - -d,std,  (3-24)

The transformation is of the form

Zyp Typ C - T Z
t
T - 1 ]
8 =
3 . :
s " (3‘25)
z—n’ e e ) t"n

The rows of the square, non-singular transformation matrix T
are obtained from the coefficients of the numerators of the transfer func-
tions of the state variables of Equation (3-19). For instance, the numera-
tors of the transfer functions of the first two state variables AV and 486
of Equation (3-19) with respect to the direct 1ift servo command input can
be represented by the expression

AV _/ 2
N (8} (5)) = tfn 5” o t—,n_/ 5" T t;z S 'f't’, (3"263)
[4
N(% <5)) = tznsn-,-f' tzﬂ—/ 5!7‘2+ P t27 S + £2/ (3‘26b)
€

In general, the transformation 7 can be found directly by using
the expression

-7
7.5 = |7s - A/|[1s- 4,] "8, (3-27)

where S7 = [l, .‘5,.5z e Sn"] and § 1is the Laplace transform variable.
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This is the general expression that defines the numerator poly-

nomials of the transfer functions of the states of Equation (3-19).

3.3.8 Obtain Estimates of Transfer Functions

To adequately and accurately describe the dynamical equation of
motion of the TIFS or any other elastic vehicle, including the first five
or six elastic modes of motion requires a 'mearly full" system matrix such
as that of Equation (3-19) of dimension 15 x 15, or approximately 200 para-
meters. The best time domain techniques available, such as weighted least
squares, minimum variance or maximum likelihood are capable, at this point
in time, of estimating ondy about 30-40 parameters with any degree of accuracy.
Not only does the computational load become overwhelming, but the probability
of designing an optimal input to render each parameter identifiable would be
of a complexity completely beyond the scope of the present program and would,
in fact, require information that we are trying to obtain, the values of the |
elements of the aeroelastic equations of motion. If such an input design were
attempted, it is clear that the input should contain a spectrum that spans
the frequency range of the elastic mode frequencies, similar to the frequency

sweep or Bode plot data that was obtained for TIFS.

The Bode plot or '"frequency sweep' data obtained during the two
data flights of the TIFS airplane can be used to estimate transfer functions
of the sensor output with respect to the servo command input. Direct and
straightforward techniques have been developed by Levi (Reference 7) and
Sanahanon and Koerner (Reference 8) to obtain estimates of the coefficients
of a transfer function. These techniques have been found to work quite well

if transfer functions to several Bode plots are estimated simultaneously with

7. Levy, E. C., "Complex Curve Fitting", IEEE Transactions on Automatic Con-
trol, Vol. AC-4, May 1949,

8. Sanahanon, C. K. and Koerner, J., '"Transfer Function Synthesis as a Ratio

of Two Complex Polynomials", IEEE Transactions on Automatic Control, Vol.
AC-8, January 1963.
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the constraint that all the transfer functions have the same denominator poly-
nomial or characteristic equation. If this is not done, the technique will

often produce estimates that indicate an unstable elastic mode.

If two transfer functions of the Bode plot data are identified
simultaneously, a maximum of only 45 parameters need to be obtained at one
time. Therefore, the problem associated with many of the newer identification
techniques is avoided and dimensionality does not become a prohibiting consi-

deration.

Transfer function estimates for the seven measured quantities
were obtained for both the (530 and the 566 inputs to the TIFS aircraft, and
a summary of the technique used and the results obtained are given in Appen-
dix D. These estimates were compared with FLEXSTAB results, and the re-
sults differ considerably. The estimates obtained from the flight records
are considered to be more accurate than the FLEXSTAB results. The FLEXSTAB
results, however, were very important to the entire process because these
computations provided important information to estimate the effects of
unsteady flow and the number of elastic modes within a given frequency band,
as well as good estimates of the mode frequencies. The model computations pro-
vided important information to estimate the number of elastic modes within a
given frequency band, as well as good estimates of the mode frequencies. In
other words, the model form but not the particular model coefficients seemed
to be accurately predicted by FLEXSTAB. Model form is considered to be as
important and as difficult a result to obtain as the actual values of the pa-
rameters of the model that can accurately reproduce the flight results, so

FLEXSTAB results are very useful.

3.3.9 Replace FLEXSTAB Phase Variable System Matrix

Groups of transfer functions for both the direct 1lift flap (é%c)
input and the elevator (é;c) input were estimated using the techniques de-

scribed in References 7 and 8. The denominator polynomial or characteristic



equation among groups of transfer functions or between command input varied
little. With the exception of the servo dynamics, average values of the
coefficients were obtained weighted by engineering judgment according to the
observed quality of the data recorded from each of the sensors. This data
yielded a phase variable system matrix anv of the form of Equation (3-22)

but with updated, more accurate coefficients.

o 1 0 0
Fo = 1. \ _
m . (3-28)
0 N
N
%o 4, e
3.3.10 Replace Selected Rows of Phase Variable Transformation

The identification of the transfer functions of the seven measured
. . n .
quantities (gm: ﬂ,,Pm s n3cg,,, s ’73”7_’", n}ﬂrm > 37, "’;me) yielded not
only the common transfer function poles but the transfer function zeros of
each of the transfer functions of the measured quantities. Since the coeffi-
cients of the numerators of these transfer functions are elements of the phase

variable transformation, they can be expressed in the form

m T Tm.‘/ (3-29)

h 7l =
where [3”7] [7’” ’ nﬁPm 73 €9m’ n'}wrm’ n%rcm ’ n3H7‘m’ n3mwm]

and 7,, is a 7 x 15 matrix.

These seven rows of a phase variable transformation were simply
substituted for the corresponding seven rows of the calculated transforma-

tion 7. to yield a square, non-singular matrix of the form
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m Tm
P i -4 (3-30)
1

or Ime = Tmed

where the notation ﬁ"a_indicates a mix of data, partly calculated by analy-
tic methods and partly estimated from flight test deta analysis. This trans-
formation can then be used to transform back to the form of the equations of
motion given by Equation (3-19). These equations, now containing mixed meas-
ured and calculated data, are given by
. - -7

- 7 7,

}mc - me  O,, "mc 3mc * 7-mc G'o 530 (3-31)

h = Ja) Ja k] 6 ® ?
where [%,mc] [ V, 8,9, 5 46, 0, n3Prnc° n,a,cgm ”;wrm

"3re,,’ V3w, Thmw,,? Ta> s> e '75]

Certainly if a transfer function of one of the measured vari-
ables were calculated from Equation (3-31), it would be identical to the

transfer function estimated from flight.

There is no way known at this time to transform Equation (3-31)

- back to the original form of Equation (3-4), nor is there any known practi-
cal reason for wanting to transform back to this state space set. The in-
vacuum mode variables 7 and their derivatives é& are not directly measurable
and cannot be used directly for control system design purposes. If they are to
be obtained, they must be calculated by using the transformation of Equation
(3-14), and accurate knowledge of the transformation H implies accurate knowl-
edge of the mode shapes and slopes. If the number of direct and independent
measurements of the dyanmic motions of the airplane is equal to the number

of states used to define the vehicle dynamics, the equations, once identified,
could then be transformed into a normal mode form similar to the form of
Equation (3-10). The resulting transformation, ﬁ, would then define the mode

shapes and slopes.
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Equation (3-31) represents a method for combining calculated and
measured data, updating the analytically calculated elastic properties grad-
ually as flight data becomes available. This procedure also negates the
need for large numbers of sensors to collect data to obtain estimates of the
elastic vehicle equations of motion that can be expected to be more accurate
than the analytically calculated data. The data estimates can be improved
even further by combining the results obtained with the elevator command

input.

3.3.11 Repeat Steps 3.3.6 - 3.3.10 With Elevator Input, Then Combine
Systems

Equation (3-31) expresses a mixed measured-calculated model of
the aero-elastic equations of motion of the TIFS airplane. If the procedure
defined by steps 3.3.6 - 3.3.10 are repeated, but this time using the flight
data obtained through an elevator rather than direct 1ift flap input, a sec-
ond measured-calculated transformation chée will be obtained and a second
set of equations of motion of the same form as defined by Equation (3-31)

can be. obtained as

3’":7— Fo T

-7
mes, + 7, G, Oe, (3-32)

m mcg, %me s,

The system expressed by Equations (3-31) and (3-32) can be com-
bined to further improve the parameter estimates. A minor modification is
required because the Equation (3-31) contains direct lift flap actuator dyna-
mics but no elevator actuator dynamics and with Equation (3-32) the reverse
is true. This minor modification involves only the definition of a system

matrix that includes both servo dynamics.

When this is done, the resulting phase variable transformations
Z;} and 73c will each contain a row of zero or null elements. The row of
S, corresponding to the numerator of the 63/5343)'transfer function will

be zero as will the row of 73%' corresponding to the numerator of the
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5’/55c(5) transfer function. Because a row of null elements produces a
singular matrix, neither of the two matrices can be used as a similarity
transformation, but their sum will be non-singular. The multicontroller

equations of motion can be obtained by combining as follows:

) :
}mc ( cg + Tmcg )Fa (mcs mcae) me * Mcg G, 63 +7, c 6-5 (3-33)

It was possible to write the accelerometer output equations in
state space form directly rather than incorporating an output equation, be-
cause the servo bandwidth was assumed to be finite, and the control deflec-
tion became state variables. Each control input can be used to continuously
improve the system identification because the transformation additive pro-
cess indicated by Equation (3-33) can be continued indefinitely. In general,

for p control inputs to the vehicle, a general form of the equation becomes

R & a -1
3-_(2-. T)Fo ,;%;'Tf-') 3+ TGy + TG u+ 0 v v Tp G, &y  (3-34)

By using Equation (3-33), i.e. by combining data from several dif-
ferent excitation sources, the identifiability of the system is likely to be
significantly improved. Often one mode is only nominally excited by a parti-
cular input, a minimal controllable situation, yet that mode is strongly excited
by the second controller. So information that cannot be accurately obtained
by estimating one phase variable transformation can be obtained by estimating

two or more transformations and combining them according to Equation (3-34).

3.3.12 Example of the Use of Phase Variable Transformations

The rigid, three degree-of-freedom equations of motion of the TIFS

are given by
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. 39 ) )
V--j-.;-é DAV - DA Déeae -335%

g = Mg M, AV + Mylda + My d + Mg S, + M‘,»3 8y

. (3-35)
8 = Q
-2ty g+ 2 A0+ Z, AV +Z A + 25 8, + 25, 8 Z . 9%
= Vs VA =] v a X Je e J} 3 6 " _V‘;_’"
or, in matrix form, we have
~ “r r Aar = -
| AN -9 B
1 0 o o ilv DV o, 573 -Dx AV .Dge -DJ}
o 1 0 -Mllg| |M, #, O M, Ms Mg || S
(- 4 a
? N 4 7 . e 3 (3-36)
o o { 0|6 o o O ||A8 o o) 6}
2 o o tle| |z, 1 2, Z |0 |25 2Zs
Z 1 e x0T L. 3
which is of the general form
Ax = Bx + Cu
To change to the conventional form
zZ = Fx + Gu
it is necessary simply to pre-multiply by A_l, as
2 =218z + A Cu
where
F »] | g i —‘
_Dy : (8] : '3‘73 : 'D“
| \ |
(& I YL | . (o
oy My + M3 D, +2,) AL (2Z9+2,) Mye M5 (%2 Dy + 2, 5-57)
= I
0 L : o : 0
ce l ! o« | o




~ | - -
'Dge 1 333
| « .
Mo o+ Mo 2o VM +M'(_tD > 2 fy
I
o : o 8}
l Xy
= z + — D
L Sc : 53 Vt‘ 5} i

At the TIFS cruise flight condition, V, = 146 m/sec, h = 2820 m,
W = 22,680 kg, & = 0° and c.g. = 22.15c, the stability derivatives are

D, = 0.0299 M) =M, +MyZ, = 0.0220 Z, = -0.0179
Do = -0.133 /vg’ = My + M = -1.72 Z, =-1.49
Ds, = 0.0270 My = My + Mgy Z, = -2.35 25, = -0.237
= 0. c = . = -7.57 = -0.211
D(g; 0173 :58 Z;g + /‘;&chc i’ Zs, 94
/= + My 2 = -0.5 2, = J %=
5 3 25, o 3

Substituting into Equations (3-37) and (3-38) yields

2 '—0.0299: 0 !-0.5614) 0.1337)[av] [-00270 -0.0173)
7’ ] 0.02223-1.725 o E -235 1 ¢ . -7.57  -0.594||8y | (3-39)
ol | o E /1 o ' o llae 0 o |4,
l |
| @ | _-0.0/79i 11 0 1-1.49 |lag] |-0237 -0.211)

The complete matrix of transfer functions of Equation (3-39) de-
termine the phase variable system matrix F, and the phase variable trans-

formations, 7 and 77 , one for each control input.
5 5,

The numerators of the matrix of transfer functions of Equation
(3-39) are given by

7(s) = |Is - F|[1s - F] 76 (3-40)
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which, for the numerical example of Equation (3-39) become
0.02705° ~0.118195% +3.056 13+ 6.01953 | -0.01735> - 0,0835966°+0.12121s +0.02188]
|
-7575% - 10.9495% - 0.34133 s : ~05945%-0.4073515% - 0.0149637s
T(s)= | (3-41)
~75752 -10.949s - 0.3¢4133 1-0.59452-0.407351s - 0.0129637s
|

-0237s% -7.98¢5 -023829¢s - 0.0789985|-0.2115% -0.962925°-0.028445 - 0.00857576

and the characteristic polynomial |Is -~ | is
|Zg - F| = s%+323995" + 5.011165" + 0.160412s + 0.042018 (3-42)

From Equations (3-41) and (3-42), the matrices £, , 73¢ and 735
are directly obtained. The matrix /A, comes from the characteristic poly-

nomial and is given by

[ 0oV 1 1 o 1 o ]
| ' !
o |0 i 7 0 (3-43)
I
5 - : - '
o . O : o L
1 }
I I I
-0.042018 |-0.01604¢12| -5.01116 | -3.2399

The matrices 736 and 733 come from Equation (3-41) and are

6.01953 1305913 1-0118191-00270]  [0.02185 |0.12121 1-00835% 10.0173
o o
|

0 038133 1-10.949 |-7.57 O 1-0013037)-04073511-0.599 (5-48)
75 = | I 1 Ts = | | l
e | i | 3 | | :
~0.34133 :-/0.949 -757 | O -0.0149637 I-0.40735/ : -0.59%4 i 0

| : : | | |
! ! ! ! ) f

-007899651-0.238294,-7.984 1-0.237| -0.008575 |-0.0284961-0.96292 ~0.211
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From Equation (3-44) we combine 73e and 73} to obtain

[ ¢.04138 | 5.17734 1-0.20179 | -0.0443]
| |
|
- I I
se*‘T[S; = ! | |
-0.35629 |-10.9014 1-8.1630 | 0O
! |
}
-0.08757 !-0.26675 :—8.94-69 |-0.4480
L R

Transforming back to the original set of equations of motion

yields

[©.04138 I 317734 1-0201791-0.04¢3]
| |
|
|
0 :'3.3562.9 :-10.901<§ 1~8.1640
£= ' | |
-0.356291-10.9014 |-8.764 | O
|
| |

|

0  3.35629

| |

-0.35629 1-10.90 14 :

which, to the 4th decimal place, becomes

o]

o

~8.164

-0.08757 1-0.2¢475|-6.9469 1-0.4480| |-0.042016 1-0.160412 | -5.0116 |-3.2399)

-6.04-138: 3.17734 |l—0,20179|-o,o443_1

-10.9014 {—5.14,4.0

[0.037571-0.2“75 1-8.9469 | -0.4480 |

| !
71 o o T
} |
o I 1 1 0
| | X
o | o | 7
| !

-1

0

i0.0299: o :—0.5‘674 | 0.133 i
0.0222 : -1.72 : o : -2.35 (3-46)
F = : | :
o , 1 1 o ;0
[ , |
~0.0779| 7 ; o | -1.49 |
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which is identical to the original system matrix of Equation (3-39), and there-
by illustrating the use of Equation (3-40). In addition, the last of Z}} and
of Q% combine to form the G matrix of Equation (3-39).

3.4 APPLICATION OF THE TIFS AIRPLANE

Most of the results of the application of the identification pro-
cedure described above are contained in Appendices A, B, C, and D. The pur-
pose of this section is to describe the general procedure and present some

final results.

The entire reason for developing the identification procedure out-
lined above is to compare and assess the results obtained using the FLEXSTAB
program for theoretically obtaining the aeroelastic equations of motion of an
airplane. Does FLEXSTAB yield results that are sufficiently accurate to be
used for control system design purposes using modern, state space design pro-
cedures? It is felt that the comparison of analytically computed FLEXSTAB
results and parameter identification obtained directly from flight test data
constitutes one of the very first attempts to validate an analytical model of
an aeroelastic vehicle beyond the classical nominal comparisons of structural

mode frequencies and perhaps damping ratios.

Every data source available was used in the process of updating
and improving the mathematical model of the TIFS airplane. These sources
include the original wind tunnel data for the CV-580 and the wind tunnel data
taken after the TIFS modifications were made. Extensive use was made of the
parameter identification results of the rigid body stability derivatives taken
from flight data gathered qyring the present program and previous flight tests.
Servo dynamics estimates were obtained from ground tests and flight tests.
Ground vibration test data were used in the comparison with the FLEXSTAB
results and input data to the FLEXSTAB program were altered on the basis of
the ground vibration test results. The purpose was to obtain as accurate a

flexible airplane representation as possible.
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3.4.1 Equations of Motion Obtained From FLEXSTAB

Appendix A contains the results computed for the TIFS airplane
using the FLEXSTAB program. The detailed elements of the FLEXSTAB model and a
discussion of the assumptions employed in the model can be found in Reference 6
and to some extent in Appendix A. The equations of motion and sensor equations
were obtained as outputs of the linear system analysis program (LSA) of FLEX-
STAB. This program is described in References 9 and 10. Stability and control
derivatives which were computed in the SD § SS programs of FLEXSTAB including
the effects of aeroelasticity are also given- in Appendix A. The loads equa-
tions were based on an experimental version of AFLOADS, January 1976, a program
developed by the Air Force Flight Dynamics Laboratory for use with FLEXSTAB.
The results presented should be considered preliminary because the AFLOADS pro-
gram had not, at that time, been thoroughly verified. Appendix A shows compar-
isons of mode frequencies obtained from ground vibration tests, direct FLEXSTAB
calculations, and a FLEXSTAB recalculation done to try to obtain better agree-
ment between ground vibration tests and analytical results. A direct comparison
of the quasi-static stability and control derivatives extracted from TIFS flight
test data using the Calspan Bayesian Maximum Likelihood Computer program with

those obtained from FLEXSTAB is given in Table A-4 of Appendix A.

This table shows fairly good agreement between analytically com-
puted results and the results obtained from flight test data with one excep-

tion, C , which was identified to be consistently smaller than the FLEXSTAB

m
X
calculated value. This may be due to the assumption that propeller wake effects

on horizontal tail are negligible.

9. Boeing Commercial Airplane Company and Boeing Computer Services, Inc.
"A Method for Predicting the Stability Characteristics of Control Config-
ured Vehicles', Vol. I "FLEXSTAB 2.01.00 Theoretical Description'; Air
Force Flight Dynamics Laboratory Report No. TR-74-91, Vol. I, November 1974.

10. Boeing Commercial Airplane Company and Boeing Computer Services, Inc.
"A Method for Predicting the Stability Characteristics of Control Config-
ured Vehicles'', Vol. II "FLEXSTAB 2.01.00 User's Manual'; Air Force Flight
Dynamics Laboratory Report No. TR-74-91, Vol. II, Ncvember 1974.
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The procedure that was used for obtaining the stability and control
derivatives of TIFS from flight test data and the results using two different
methods is given in Appendix B. Rather simplified classical techniques are
used as well as the Calspan Bayesian Maximum Likelihood Method. Fair agree-
ment between the methods of parameter extraction was obtained and certain
conclusions were drawn about the validity of using linear model forms to
represent the aircraft dynamics. It was concluded that linear equations of
motion, even for small perturbations, do not accurately describe the TIFS re-

sponse to direct 1lift flap deflections.

Appendix C shows a comparison of computed and measured structural
mode frequencies and responses of the TIFS airplane to ''frequency sweep' com-
mand inputs to the elevator servo and to the direct lift flap servo of the
TIFS airplane. The mode frequencies show fairly good agreement yet the
response matches, with a few exceptions, are not very good even after the
TIFS stiffness data input to FLEXSTAB was changed to obtain better agreement
between FLEXSTAB and ground vibration mode frequencies. An analysis of these
results is given in Appendix C. Several reasons can be proposed for these
differences, but the most likely reason seems to be that the aerodynamics cal-
culations are either insufficiently accurate or not applicable to the TIFS air-
craft configuration. Specifically, inadequate modeling of the propeller and
engine effects and unsteady aerodynamic effects are believed to be responsible

for this lack of agreement.

Appendix D documents the results of the transfer function esti-
mates made from the Bode plots of the "frequency sweep' command inputs to the
elevator servo and to the direct lift flap servo of TIFS. The technique used
is based directly upon the methods of E. C. Levy, C. K. Sanahanan and J.
Koerner (References 7 and 8). The only significant Calspan changes
were to identify or estimate two or more transfer functions simultaneously,
forcing both to have the same denominator polynomial or characteristic equa-
tion. By this procedure, the problem of transfer function estimates that
yield unstable or right half plane poles was largely avoided, and the re-

sults are thereby judged to be more accurate.
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3.4.2 Substitution Into Calculated System Matrix

To demonstrate the process of substituting flight data for theor-
etically calculated data in the phase variable transformation matrix, the
transfer function numerators were substituted for analytically calculated
rows of the T matrix progressively to show the evolution or changes in the

system matrix as more and more experimental data became available.

In Table 1 is listed the results of the gradual substitution of
experimentally estimated data for analytically obtained results. The table
shows how twelve of the 256 parameters of the system matrix changed. The

state vector was

R L TR L WO W R S

S .8 (3-47)

n i
bser ? T3sea’ 3RT 769’ %y % }‘]

where n3 and n%spA represent forward and aft accelerometer locations on
SFF
the starboard midwing station of TIFS where the side force surface is lo-
cated and Iﬂ}R represents the horizontal tail accelerometer output loca-
T

tion of the starboard horizontal tail surface. The other states have been

previously defined.

The table shows data substitutions for one control input only,
the direct 1ift flap. If the resulting system matrix and control matrix for
any group of substitutions were then used to determine transfer functions,
the transfer function forms would be retained from the T matrix originally
used to form the system matrix. In other words, the numerators of transfer
functions of variables not substituted were as obtained analytically and the
transfer function numerators estimated from flight data are also preserved
intact by the transformation from phase variable form to system matrix form

and back again.

The selected results listed in Table 1 indicate substantial
differences between the FLEXSTAB results and the mixed FLEXSTAB/EXPERIMENTAL
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or

TABLE 1
TREND OF CHANGES OF SYSTEM MATRIX AS FLIGHT DATA

IS SUBSTITUTED FOR ANALYTICALLY COMPUTED DATA

FLIGHT DATA
SUBSTITUTED

ELEMENTS OF SYSTEM MATRIX

I9eq | P9cq| P9cq | P9cq R ah3P an, ori, 1dA, | an

an

a?cy an, | dn, | d«, 396‘9 anap én, dex, agcg dn an,

a¢zv

No substitutions
(FLEXSTAB re-
sults)

1.06 |-18.1|-.154 |8.10 |-527.0 | 5795.0 {87.0 -4659.0 .000716 | 219.8| -.000126

.00637

Char. Eqn. plus
numerators of
$3/85.0 43/%¢
transfer func-
tions

.1341-27.91]-.00167| .0517|| 20.0 | -979.8 | 3.04 -165.3 [-6.8x10"%| 98.1]-1.5x1073

.00042

Above substitu-

| tions plus num-

erator of

n

3f/33c
Transfer func-
tion

-1.02 5.9

.0722 |2.03 -6.19 68.4 .171 -28.0 |l 4.05 -20.7| .248

-6.96

Above substitu-
tions plus num-
erators of

ninr/ajc ? n’rg /83

and 7‘1/57c

transfer func-
tions

c

-4.71 | 59.1]-.197 |1.67 3.74 79.1 | -.0095 1.75|} -.0138 288.41-2.16

-102.3

Landing Flight Condition
Direct Lift Flap Inputs Only




results. Many of the elements have changed mathematical sign and have
changed in value by several orders of magnitude. But this was expected be-
cause the Bode plots that compare FLEXSTAB results with flight experimental
data are considerably different. In general, the numerical values of the
elements of the system matrix tend to show a progressive and relatively
smooth change as more and more experimental data were added to the phase
variable transformation matrix. . Unfortunately, the TIFS vehicle was not
instrumented to the extent required to continue the data substitution pro-
cess to its completion, i.e., to the point where all the rows of the phase
variable transformation matrix could be replaced by experimental results.
But the results indicate that the technique described above of gradual re-
placement of analytically calculated elements of a system matrix with experi-

mental results is a reasonable approach.

3.4.3 Effects of Multiple Phase Variable Substitutions

As indicated by Equation (3-34), the phase variable transforma-
tions associated with many controllers of the same system can be linearly
added (or subtracted) with an expected increase in the accuracy of the
estimate of the elements of the system matrix. This technique was tried
with the data collected from the landing approach flight condition of TIFS.
Transfer functions for the seven accelersmeter outputs and the pitch rate
gyro were estimated for both the direct 1ift flap input and the elevator
input. The identification procedure was modified to require the same char-
acteristic polynomial or denominator with the exception that the servo

actuators were different for the direct 1ift flap and the elevator servos,

The result was two phase variable transformations, one for the
direct lift flap servo input ( Tg} ) and the other for the elevator servo
input (7§ ). These two transformations were combined linearly to obtain

e

an estimate of the system matrix, as
I -7
3 = (Ts,+ Ts,) A (75, * T3,) "3 +T5,6,8, + Ts, G0

= F+ Gu - (3-48)
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The transfer functions were then obtained from the resulting
equations of motion as
| H(s)= (Ts - F) & (3-49)
and a comparison was made of the roots of the numerator polynomials that
were estimated from the flight data and those that were calculated from
Equation (3-49) after the data was manipulated according to Equation (3-48).
It was not expected that the results would be exact. At least two major
sources of error exist. First, the phase variable transformations were of a
hybrid form, partially estimated from flight data and partially computed from
FLEXSTAB. Secondly, the process of obtaining transfer functions from the

flight data is not free of error.

Table 2 gives a sampling of the results of first combining data
according to Equation (3-48), then calculating transfer functions using Equa-
tion (3-49). In this table the zero locations, the values of the roots of the
numerator polynomials for the ”}P/J-; and u/é% transfer functions are listed.
The two transfer functions show typical sample results of the effect of errors
introduced by combining analytical and identified flight data and errors ac-
crued in the identification process itself. Not too many conclusions can be
reached concerning the accuracy or validity of the results. The comparison
between the directly identified and the transformed Lgﬂi} numerator results
appear reasonably good. Several additional steps beyond those investigated
in this program would be required to verify and refine the process of identi-

fication described in this section. These steps are:

1. A complete state vector set of independent measurements of
the vehicle dynamics would be required to estimate a com-
plete phase variable transformation matrix from flight test
data. Without this data, it is not possible to separate
errors introduced by mixing analytical and experimental data

with errors inherent in the identification process itself.

2. Data for 4, and 5? inputs, if taken separately, cannot
be done for exactly the same flight condition. It is not

known how much error is introduced by this limitation. If

42



TABLE 2

NUMERATOR POLYNOMIAL ROOTS (ZEROS) FOR PARTIALLY
-1
IDENTIFIED SYSTEM MATRIX [T, + T5,]5,[Ts, + T,

Transfer Numerators Estimated Numerators Calculated From
Function From Flight Data Partially Identified System
e . - Matrix '
) z w 2
4 rad sec g rad sec
S I sec sec
”,,/U’(Numerator of .0468{76.2 | -.050 -22.2] -.0599{54.3 -.0577 10.8
n, Tesponse at pilot .0158147.1 |-.0517 31.1 .539 j42.9 -.0395 -.005
location to direct .0975{36.5 .361 .0374(36.4 -.647
lift flap input) -.0527130.7 |-.937 .924 |14.3 -6.04
“/8? (Numerator of .0418161.2 -.741 .0513]63.3 .0103
change in airspeed .145 |45.3 .0131(43.6 -.0813
response to direct .056 143.9 -.143 139.4
lift flap input) .076 |31.7 .071 [35.2
.455 [23.1 .918 |25.4
.0225} 1.57 .365 .972

+ Characteristic Equations Are Identical For Estimated and
Calculated Results

+ Data For TIFS Landing Flight Condition

v /@}'Transfer Function Estimated From Flight Data
P

u/U} Transfer Function Not Estimated From Flight Data
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frequency sweep inputs were injected into the direct 1lift
flaps and the elevator servos simultaneously and in phase,
estimates to the transformation I:ige + 73?_] could be
made directly, and a comparison can be obtained between
individual 7 matrix identification and simultaneous identi-

fication.

3. The calculation of transfer functions from state space equa-
tions of high dimension is in itself subject to error. A
useful result would be to compare time histories of command
inputs between identified aircraft transfer functions and
those calculated from partially identified data. Time his-

tories are normally less sensitive to such errors.

The process for the identification of large-scale systems out-
lined above was developed during the course of the investigation. At this
time not very much can be definitively concluded from the limited data taken
from the flight tests of the TIFS airplane. The technique does show promise
as the only known way of trying to verify from flight test the high order,
extended dimension aeroelastic equations of motion computed from analytical
sources such as FLEXSTAB. More .importantly, the technique provides the pro-
mise of a method for the systematic update or replacement of the analytical
data as flight test data becomes available. The simplicity of the actual
estimation technique is attractive as is the fact that this technique uses
the standard frequency sweep data that has been used for many years to ob-

tain structural mode and flutter data for an airplane.
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Section IV

GUST ALLEVIATION

4.1 INTRODUCTION

Gust alleviation design techniques fall into two general cate-
gories. The most often used technique is feedback control, or regulation to
alter the closed loop static and dynamic behavior of the airplane in a way to
be affected less (in some sense) to the forces and moments generated on the
aircraft by the gusts. Regulation implies an increase in the speed of re-
sponse of the vehicle and the normal decrease in static sensitivity associated
with the increased natural frequencies that speed up the response. However,
feedback can also be used to have the effect of a decreased Lx,'thereby de-
creasing the responsiveness of the aircraft to turbulence. Unfortunately,
this kind of a design also generally reduces the maneuver capability of the
airplane, so it was decided to avoid this approach and concentrate on another

technique described below.

A second technique involves a direct measurement of the gusts or
atmospheric turbulence itself. The gust measurement is used to drive the
control surfaces of the airplane in such a way to attempt to generate forces
and moments on the airframe that counter or cancel those forces and moments
produced by the turbulence. Exact or nearly exact cancellation requires an
independent force or moment generating surface or device for each degree of
freedom of motion of the airframe. For a rigid airframe, three controllers
can very effectively gust alleviate the three longitudinal-vertical degrees
of freedom of motion. A flexible aircraft, however, involves many degrees of
freedom and therefore gust alleviation of an aircraft having fewer indepen-
dent controllers than degrees of freedom of motion is less effective. This
report addresses the problem of how to use the existing controllers to get
the ''best'" feedforward gust alleviation system. An 'open loop'" or feedfor-
ward matrix of gains is devised to drive the controllers. This matrix of

gains is derived using the theory of generalized matrix inverses.

45



4.2 CRITERIA FOR GUST ALLEVIATION

. The possibilities are nearly endless for gust alleviation criter-
ia, those that can mathematically specify an objective or model for gust alle-
viation. The general statement that the controllers should move in such a
way to minimize the motions of the vehicle, both rigid and elastic, is not
really good enough. General criteria associated with design techniques need
to be developed so that they can be used as systematic design tools and as
standards upon which a design can be evaluated relative to other designs. A
few of the possible criteria and design techniques are developed and discussed
below.

4.2.1 Ideal Open Loop Solution

The most simple and direct open loop or direct drive solution in-
volves a design to move the vehicle control surfaces in such a way to coun-

teract the forces and moments generated on the aircraft by the gusts.

The linearized, small motion perturbation equations of motion are

given by:
X = Fz + Gu +-Jv§ (4-1)

where %’ is the state vector, ¢. the control vector and Vg the gust input.
The matrix F is the matrix of the stability derivatives of the vehicle equa-
tions of motion, ¢ the matrix of control derivatives and J is a matrix of gust

effectiveness terms.

To eliminate the effects of turbulence, it is a relatively simple
matter to solve for the control input that counters the effects of the gusts,
i.e.

Gu_+J—‘U"

9 = 0 (4-2)

or s
u = -G J'?{’q (4-3)
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The three degrees of freedom of longitudinal-vertical motion of
an airplane require three controllers driven by wide bandwidth actuators whose
bandwidth spans the frequency range of interest of the phugoid and short
period motions of the vehicle. For the situation of longitudinal-vertical
rigid body motions and fast acting servo actuators, the exact solution to

Equation (4-3) is given by
-7
w=-(6"6) GTJvVg (4-4)
to completely alleviate three components of the turbulence.

4.2,2 Appreciable Actuator Dynamics

Compensation can be made for the effects of actuators in several

ways.

a. By using a lead network for compensation

To the original equations of motion
X = Fz + Gu *+ Jv,
the actuator dynamics are appended
w = Aw + Be, (4-5)

By using Laplace transform methods and the criterion defined by Equation (4-2),

we have the requirement that
Gew(s) + T (s)= O (4-6)
from Equation (4-5),

wu(s) = (Is—ﬂ)—IBu_c(S) 4-7)
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Substitution of Equation (4-7) into Equation (4-6) yields
uc(s) = —B—’(.Z'.s _-A)G"J‘u—(s) (4-8)
' -1_7 T,.\-1 g
or wg(s) = =(8 B) 'B(Is-4)(6'6) To(s) (4-9)
which defines a general lead network.

Direct compensation for first order actuator dynamics by using
measurements of 4, and U} is also obtained simply and directly from

L4
Equation (4-9).

-1 - .
w (¢) = (BTB)_7BT/J (G—TG-) G T (t)-(BTB)-fBT(GTG) ,GTJV(t) (4-10)

4.2.3 Output Gust Alleviation

An output equation to represent the acceleration motions of the

vehicle 1s added to Equation (4-1) as

y = Cx + Dz
then the criterion becomes
y =0 =Cx +Dx = Cx + D (Fx + Gu * Ty ) (4-11)
from which can be obtained
u =~ -(676)76¢7Trr-(66)"c¢(2D) DT (c+DF)x (4-12)
The gust alleviation solution given by Equation (4-12) requires
invertibility of both matrices & and D . The fact that the control input is

now a function of the state means that the solution is a feedback control law,

and stability is not guaranteed.
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4.2.4 Least Squares Solution

A least squares approximation to the solution shown by Equation
(4-12) is easily obtainable in the following manner. Given, as before, the
state space and output equations

,i = Fx + Gwu + Jﬁﬁé

y = Cx + Dx

a quadratic expression is formed. This is a scalar function of the output y
and the control effort w. The outputs ¥ and the control motions « are
weighted relative to each other by the positive definite symmetrical matrices

® and R. The resultant scalar expression takes the form

(47 Qy + u” Rw) (4-13)
(Cx + D) Q(Cx +Dx)+u RPu

L

it

(4-14)
and substitution for X in Equation (4-14) yields

L= (C+DF)x +DGu+DJ'v;,]TQ [(C+DF)z+ DGu+vag]+uTRu (4-15)

To minimize the function L with respect to the control activity,

simply obtain Ve and set to zero. The result is
0=6"27Q(C+*DF)x + D QDTv; + (6D7QDG+ R ) u (4-16)
or  u=-(67D7Q@26 +R) '¢"D'Q(C+DF)x + DTu,] (4-17)
The weighted least squares solution to the gust alleviation prob-

lem expressed by Equation (4-17) is dimensionally compatible with the number

of control surfaces available for this activity, so the solution can be di-

rectly implemented. However, like the solution of Equation (4-12), it is a
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feedback solution that does not guarantee stability, nor does it suggest in

any way that the solution will be practically implementable.

Nevertheless, the solution to Equation (4-17) that does not re-
strain the control activity, i.e. R = 0 does serve as a criterion or ideal
model that will define the best feedback solution possible if stability

does not turn out to be a limiting consideration.

The stability problem can be addressed by using linear optimal

control theory.

4.2.5 Linear Optimal Control Solution

The problem is to minimize a weighted function of the output and
the control. A guaranteed stable solution is desired. A quadratic perfor-

mance index is specified of the form
o0
y 7/
2V = ”ZL"’/ (y'Qy + W'Ru)dt (4-18)
)

Subject to the constraint of the linear differential equations of motion of
Equation (4-1); % = Fz + Gu.th, y=Cx +Dx, Substituting for y and
in Equation (4-18) yields the equivalent performance index.

]Ta [(C+.DF)x + l)Gu+.DJ'vé]+ u.T/?a} dt (4-19)

oD
2V = "ZL""_/‘ {[(C+DF)x +DGu+.D:r1rg
[4

The solution is straightforward and well-known. A Lagrangian is

formed as

L= z’[(gﬂ)ﬁ)x +DGu+DTw

JJ7al(c+DF)z + D6u+ DIv, ]

(4-20)

+2uRu+ X (-2 +Fz +GurTv)
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The stable solution to the Euler-Lagrange equations defines the

optimal solution. The Euler-Lagrange equations are

oL  d 12X\ _
oz | 4t (a;;« =0 (a)

3L  d sIXN\_ .

Ju ot (aa_) 0 (b) (4-21)

Performing the indicated operations yields

3L  d (XL _ 1.7 -
du  dt Jd.) = GD'G(C+DF)x + (6D'QDG+R)u

+GD QDI +G"A = 0 (4-22)
d2 d /9L
S ~dE (3;) = (C+DF)TQ(C +DE) % + (C+DF) QDG w
+(C+.DF)72QDJ'v-'+F'TA+Ar: O (4-28)
The optimal feedback control law is obtained from Equation (4-22).
w=-(6Dape +#)'6"[D'Q(C+DF)x +A+ DRDTv] (4-24)

A comparison between Equations (4-17) and (4-24) shows that the
only difference between the weighted least squares and the linear optimal
control solution is A, the term that guarantees a stable linear optimal

control solution.

The feedback term A is part of the regulator or feedback solu-
tion that is independent of the gust excitation v To obtain A as a
function of the state x is the linear optimal regulator problem. Substitut-

ing Equation (4-24) into Equations (4-22) and (4-1) yields

0~ A+ (F-AQDGRG) A + (AQA-AQDGR 6004 )2 (4-25)

% +(F-GR6¢DAAYx - R 674 (4-26)

Q
o

where A= C+DF and R = R +6¢D'RDG.
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Assuming the feedback is linear, i.e., A=Px, 6 A= Pz , the Ric-
cati equation is obtained after Equation (4-25) and (4-26) have been com-
bined

0= FP+PE-PGR TGP+ Q (4-27)
where /2 = £ - Glé‘"GTaA
@ -AQA-4"QD6R 6D QA

The solution of Equation (4-27) for P produces the feedback con-
trol matrix term A = Pax that guarantees a stable solution for the control

problem represented by the performance index of Equation (4-18).

So gust alleviation can be accomplished in many ways and a thor-
ough examination of the efficacy of the methods should be investigated to
determine which way is best in terms of design complexity, stability require-

ments and level of gust alleviation attainable.

The investigation documented in this report concentrates on the
fundamental open loop or feedforward solution represented by Equation (4-3)
and its variations. Linear optimal feedback is addressed in Section VI, struc-
tural mode control, for it is felt that if feedback control can have the
effect of stiffening the vehicle, then feedforward gust alleviation can alle-
viate the rigid body vehicle motions and perhaps one or more of the lower
frequency modes without excessive excitation of the remainder of the regula-

ted structural modes.

4.3 GUST ALLEVIATION - ILLUSTRATION OF PRINCIPLES

The traditional approach to gust alleviation has been to feed
back n signals to the pifﬁhing moment generating surface or the direct
1ift producing surface or to both surfaces. The intended purpose is to cre-
ate a tightly regulated aircraft to gust inputs such that the response of
the vehicle is minimized. The command input gain is then increased to enable

the pilot to adequately maneuver the airplane.
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It is concluded that the approach to gust alleviation described
above is not necessarily the best approach for aircraft that have been de-

signed for active control technology. There are several reasons for this:

1. An aircraft having an aft c.g. is excited much less by gust
inputs than is a normally statically stable aircraft, par-
ticularly in pitching motions. One of the important gust
excitation terms, rﬂxcz , may be small or even zero for

g
relaxed static stability aircraft.

2. Tightly regulated aircraft are generally less sensitive to
lower frequency turbulence inputs but no less sensitive and
often more sensitive to higher frequency inputs. By decreas-
ing the amplitude of the normal acceleration, the bandwidth
of the response to turbulence inputs is increased. Also,
the pitching motions of the aircraft relative to the heaving

motions may be increased.

3. By emphasizing higher frequency motions relative to the low-
er frequency motions, the bandpass of frequencies most likely
to be objectionable to the pilot in turbulence (1-3 Hz) are

accentuated.

To illustrate the effects or principles stated above, consider
the following discussion of the application of gust alleviation to the sim-
plified two degrees-of-freedom motions of a rigid aircraft. If it is
assumed that the aircraft static stability, i.e. ﬁﬂz is zero and the change
in 1ift produced by an elevator deflection is zero, equations can be written

as follows:

9 M, + M- -M- L 7 Ma
= 2= * + €l &, (4-28)
& 7 ~Lgy 174 (0]
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If measured with a vane, the angle of attack signal can be con-
sidered to be made up of two components, an inertial component &, and a
gust component cgy . The equations may then be written as

‘ My - My -M:
2| “_l“ ¥l So + MizLa %y (4-29)

Mcge

which represents the gust as a separate disturbance input.

Now assume feedback from a vane that senses c%[-+657 to the ele-

vator and a command input has been implemented, i.e. & = 695 -K(ax; + @z, ).

e
Substituting this control law into the equations of motion (4-29) yields
g M$+M& 'Mablx"'/(fMJc ¢ Mé'e —Ma-‘L“-IQM(ge
= + 6; + (4
& 1 -1 al |o]|” L D
« Z (o7

From Equation (4-30), the transfer functions that describe the re-
sponse in angle of attack to separate elevator command and Xg inputs can

be obtained

o Ms
7 (5= = < 4

e $°+5(L, - Mg —M&)—L“%+K,Md-e (4-31)
(o) LS - Lo My+ K, M,

%, AP (o= My~ Miy ) = Loy My + K, 175, (4-32)

The responses in o and ¢ to a step command and a ''step" gust are sketched

below for K, =0 and for K, = negative value.

STEP "STEP"
COMMAND GUST
a(¢) a(t)

"l
STEP ,\ "STEP"
COMMAND GUST
q(¢) g (%)
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These sketches show that feedback from a vane will do nothing
for the gust sensitivity except speed up the response. The c.g. accelera- )
tion response of the vehicle will be approximately the same as the & re-

sponse, since 775 (¢) = 9KLM a(t).

If the inertial part of the angle of attack vane signal is separ-

ated from the gust part of the signal and fed back to the elevator, i.e.

6, = éLC -K, ar , the equations become
0| (m+mMe -mr -kom M B,
? | o ata N8, || ¢ -~ ER é;"' ata @, (4-33)
o 7 -L,, oy o ~Lg,

The cz/Béc(s) transfer function remains the same as given by Equa-

tion (4-31) but the transfer function to a gust input becomes

£ (s) = fal> 1% ) 4-34
a, S+ 5(Ly =My = My )= Mylo + K Mg, (4-34)

and the responses to a step gust become as sketched below.

a ()

This sketch shows that the response in angle of attack to a gust
input is decreased in sensitivity and amplitude at the low frequency end of
the gust spectrum, but amplified at the higher frequency, pilot sensitive

region of the spectrum. If command augmentation to improve flying qualities
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were now used in addition to feedback, the respoﬁses to command and gusts

could be as sketched below.

ec (¢) COMMAND INPUT RESPONSE
~n3 (¢)

GUST STEP RESPONSE

Therefore, although the vehicle can be given good flying quali-
ties with « (or n}) and, of course, pitch rate damping feedback and command
augmentation, little can be done with feedback to eliminate the high frequency

sensitivity of the airplane to turbulence.

If we directly sense the turbulence and drive both the elevator
and a direct 1lift flap with the sensed 12? signal, the vehicle can be made

insensitive to turbulence. Assume a control law 5; = 5e —Kyc;r+-K;a%,
r

5}: K}cu where 6F is a direct 1lift flap, assumed for simplicity and no loss

9
in generality to act through the aircraft c.g. The equations of motion now
become
. MZ*'Ma? Myl 'KIM% g Ms M Lo K21,
. c
(57 1 -L“ &y o "/.x +/<3[‘5f‘
M&L“
, If thg gains K, and K3 are chosen such that K, = 7 and
Kz = Z;” = C:LC” , then the gust excitation term of Equation (4—%5)
<5
£ F
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vanishes, yielding a control system configuration that does not allow the

vehicle to be excited by turbulence.

The gust alleviation system described by Equation (4-35) is simp-
lified and only approximate. These equations assume that the elevator has
no 1lift and the direct 1ift surfaces produce no pitching moment, but these
realisms can be incorporated into a design without difficulty. The equations
do assume that the control surface servos are fast, high performance servos
that can drive the surfaces at the turbulence spectrum frequencies. It is
also assumed that the stability and control derivatives of the vehicle are
known to a fair degree of accuracy. For future aircraft designed for the
application of active control technology, the requirements for high per-
formance servos and accurately known stability and control derivatives do

not appear to be overly demanding.

4.4 DESIGN OF TIFS GUST ALLEVIATION SYSTEM

A gust alleviation system that senses the turbulence and drives
the surfaces can be very effective. Therefore, the gust alleviation system
that was chosen for TIFS involves only open loop compensation. This section
describes the investigation of feedforward compensation that minimizes the
response of the TIFS airplane to atmospheric turbulence using direct gust
measurements to drive the control surfaces. Such a design would be extremely
simple to mechanize and presents almost no possibility for stability problems.
With the addition of feedback for structural mode control or sensitivity

minimization the gust alleviation is expected to be even more effective.

The mathematical model is formally defined as follows:

System equations X = Fx + Gu + Jo~

Output or measure- _ y = Ax + Bu + Cv (4-36)
ment equations

Feedforward control law w = K
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Nx7. state vector

where
Mx1! control vector

gust input, a scaler for this study

x
w
v
y = output vector

The matrices £, G, J, A, B, C for the TIFS aircraft are described in
Appendix A where the TIFS is modeled with various numbers of structural bend-

ing modes included in the state equations.

The feedforward gains are to be selected to minimize (in some sense)
the inputs to the system, Gu + Jv, the excitation to the system defined by the

equations of motion of the airframe.

The standard solution to this problem, called the Generalized Inverse

solution (Reference 11), is given by
«w = Kz
o’
where _ : K==-6J

and G+ = Generalized inverse of ¢
-7
G =[6"6] 67 (4-37)

-
The need for the inverse of G G requires that G be of maximum rank,
a condition that is almost always obtained for an aircraft with multiple control

surfaces.

Note that if G is invertible directly, i.e. G~/ exists, then G* = ¢~/
and perfect gust alleviation is attained. That is

Gu + Jv = -GG T+ Jr =0

11. Lewis, T. 0. and Odell, P. L., Estimation in Linear Models, Prentice-
Hall, Inc., Chapter 1, 1971.
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However, if G~’ does not exist, only an approximate solution exists.

This approximation is such that if

u* = -6 Tv (4-38)
then
#*
I Gu + Jv = legw+dw |l (4-39)
where _
| = Il is the norm of vector % defined as llxzll = xx s

and u is any other solution for the feedforward control.

If the equality is true in the above equation, the following additional

property holds:
New*ll = llGeull

In this study up to five symmetric modes of motion of the TIFS at the

landing flight condition were considered. The equations of motion as predicted

by FLEXSTAB are documented in Appendix A. The symmetric modes of motion

included in this model and their natural frequencies (as predicted by FLEXSTAB)

at landing condition are given below:

Phugoid (Ph)

Short Period (SP)

First Wing Bending (1WB)

First Wing Torsion (1WT)

First Fuselage Bending (1FB)

First Horizontal Tail Bending (1HTB)
Second Wing Bending Mode (2WB)
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The three controllers studied were collective aileronm, (dg,), direct

1lift flap, (53), and elevator, Se.

One would suspect that the closer G is to being invertible, the
better the solution will be. However, for the case of the seven modes of mo-
tion given above, G is of dimension 14 x 3 and a“good generalized inverse solu-

tion is not likely. A multitude of solutions are possible.

One approach involves partitioning the G and J matrices as follows:

ST I L P (4-40)
G, T2

where G is 3 x 3 and therefore invertible directly. We define the control law

as

and the resulting substitution leads to the following equations of motion:

o
z = Fz +|————— —— | (4-42)
Ty - 667,

Note that while the gust input into three rows of the equations of
motion can be made equal to zero, one might expect that the gust input into the
other equations might increase. Since the equations of motion are coupled it

is not apparent at this point what level of gust alleviation will be attained.

A modification to this approach involves making the upper part of the

partitioned G matrix, G other than exactly invertible but still more inverti-

1,
ble than G. The resulting control law would then be

w= -6 Tv (4-43)
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Either of the two approaches mentioned above, Equations (4-41) or (4-43)
can be used on lower order mathematical models by first performing a quasistatic
deletion of one or more modes thus reducing the order, N, of the system equa-
tions. For instance,if alleviation of only short period and phugoid responses
is desired, then a quasistatic rigid body model of order N = 4 is first ob-
tained. In this case, when -the resulting control law is then simulated on
the more accurate 14th order model, the property shown in Equation (4-42) will
not be true.

Considerable simplification of the gust alleviation problem results
because both G and J have zero elements in the same rows. If the stats vector

for the rigid body motion is written as

x=[w g u 6]

then the J matrix and each column of the G vector will have the following form:
ra
(D, D, D, O]

One can now observe that under these conditions, partitioning the G and J
matrices as in equation (5) will yield perfect gust alleviation (Gw + J2#=0)
since G, = [0, 0, 0] and J, = 0 . Similarly if a structural mode is
added to the equations of motion, two differential equations are added but only
one nonzero row of G and J. As a result, it is possible with feedforward to
three controls to make the gust input terms zero in the short period mode equa-
tions (e, q) and any one other mode [phugoid (u, &) or structural bending
mode] .

4.4.1 Feedforward Design.Evaluation

In the final evaluation of the effectiveness of the gust alleviation
systems in this study, the most accurate model of the flexible TIFS was used re-
gardless of the order model used in the feedforward gain computation. This

model, as described previously, was 14th order containing two rigid body and
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five structural modes. Many designs were obtained with conSiderably different
results. Tables 3 and 4 summarize these results. Figure 4 shows power spec-

tral plots of several of these cases.

The second column of Table 3 indicates the dynamic order of the equa-
tions of motion from which the J and G matrices were obtained. When the order
N is less than 14, it indicates a quasistatic reduction which was first performed
prior to gain computations. The third column indicates which rows of equations
of motion (4-36) were included in the Matrix Gy of Equation (4-40) in order
to calculate the feedforward control law w = -G:.Tzr . However, recall
that each pair of rows,which may loesely be said to contribute the predominate
characteristics of one second order mode,are actually coupled to every other

mode.

The last three columns of Table 3 are the feedforward gains, K; , for

the three controllers.

8‘4 /(/
d‘} = K2 = "6‘1 -T"U"
Se K3

Table 4 summarizes the performance of the various designs in two ways.
Columns 2, 3, 4 and 5 contain root mean square (RMS) accelerations for four
vehicle stations, pilot's station, c.g., tail, and wing tip. The final two

columns contain the norm of the closed loop gust effectiveness matrix
+
-GG, I, +J (4-44)

and the norm of closed loop output equation gust effectiveness matrix (for the

same four accelerometers)

-6367+|J} +
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TABLE 3

FEEDFORWARD DESIGNS

DYNAMIC ORDER OF
THE STATE EQUA-
TIONS USED TO

MODES INCLUDED
IN G1 AND J1 OF

FEEDFORWARD GAINS

DESIGN | COMPUTE GAINS COMMENTS
Uus= - 6]+‘]', 4l ' 50A 33 Je
0 14 None Unaugmented 0 o 0o
1 14 All w=-6"Jw 1.74 - 1.36 - 1.03
2 14 PH + SP Wz -G T, 9.78 5.43 .755
3 4 PH + SP " 9.93 3.33 .262
4 14 SP + 1WB " -137.0 '189.0 12.5
5 6 SP + 1WB " 751. -1026.0 15.0
6 14 All Norm includes 4 accel- 1.84 - .899 - .725 .
erometers, K = 1000
7 14 All Norm includes 4 accel- 2.27 2.17 - .377
erometers, K = 10,000
8 14 All Uses Modified Jordan 1.87 .236 - .351
form
9 14 1HT + 2WB Uses Modified Jordan 1.39 - .643 - .998
form
10 14 PH + SP Uses Modified Jordan 9.81 3.23 .261
form
11 14 PH + SP + 1WB | Uses Modified Jordan 2.44 - .709 - .0586
form '
12 14 SP + 1WB Uses Modified Jordan 1.12 - 5.45 - .196
form




9

TABLE 4

PERFORMANCE OF FEEDFORWARD DESIGNS

RMS ACCELERATIONS

+ - *
DESIGN CT',}P Triy g 07'37- c—"’iwr "' GG, J; +J'|l " BG'J, +C “

0 .135 0948 .155 772 199 1.84
1 .153 .141 .145 .183 30 .069
2 .335 .274 .455 ——- 540 —--
3 .361 .240 .443 ——- 564 .-
4 5.95 5.99 9.37 --- 10,575 ---
5 33.4 31.7 52.8 —-- 61,735 ——-
6 111 0998 .101 .173 38 .049
7 .106 .0850 123 773 160 .014
8 .0730 .0627 .0739 .358 81 .130
9 .141 .128 .132 ——- 64 -e-
10 .356 .235 .436 3.05 556 6.87
11 .0526 .0491 .0672 .296 81.5 .531
12 .139 .147 .232 1.30 281 2.18
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The various types of feedforward designs are discussed below.

® Design 1

This formulation involved.finding the minimum norm gust effectiveness
matrix for the entire 14th order system. When compared to the unaugmented
case (first row of Table 4) the norm of the gust effectiveness matrix was re-
duced from 199 to 30, a sizable improvement. However, the rms accelerations
were increased at the pilot's station and the c.g., decreased slightly at the

tail, and decreased considerably at the wing tip.

It would seem from this result that if ride quality was the princi-
pal goal (minimize accelerations along the fuselage) then this design is not
very desirable. If, however, the primary goal is alleviation of wing loads,

then this design may be quite useful.

In this design process there is no clear cut way of weighting one
mode or modes (wing modes) more or less than other modes (fuselage modes).
Simple weighting of the rows of the gust effectiveness matrix in minimizing
the norm may be useful. However, this ignores the coupling known to exist
between all these modes. This suggests the need for first decoupling the
modes of motion using one of several decoupling transformations. This is dis-

cussed further in a subsequent section.

® Designs 2 and 3

These designs are biésed on the assumption that limited actuator band-
width and limited ability to measure the gust may preclude the alleviation of
all modes uéing feedforward as in Design 1. Designs 2 and 3 attempt to allev-
iate only the rigid body modes, phugoid and short period. For Design 2 the G
and J matrix was from a 14th order model and the first three rows of -GG',’f,v-J'
were made identically equal to zero (as in Equation (4-42). In Design 3 a quasi-
static reduction was first performed so as to eliminate all structural modes.

The remaining 4th order model was then used to compute the feedforward gains,
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w = —ég-JC v . The system was, of course, tested on the 14th order sys-
tem, yielding the gust effectiveness matrix, -19CE*J} + J . Although no rows
of this will be identically zero, however, the quasistatic effects of the

structural modes will be included in the gains.

Table 4 shows that overall these systems are not effective. Both the
norm of the gust effectiveness matrix and the rms accelerations have increased.
What has been accomplished is shown more clearly in Figure 4. Design 3 has all
but eliminated the response of the vehicle below a frequency of 4 rad/sec as
desired. Considerable amplification of the PSD at higher frequencies has
caused the rms to be larger than the unaugmented case. However, in practice
sharp filters could be placed at 4 rad/sec and the unaugmented response might

be approached in fhe higher frequency range.

The noticeable lack of success of Design 2 results because of the
static effects of the structural modes coupling into the rigid body equations
of motion. The rather startling differences between Designs 2 and 3 testify

to the importance of quasistatic corrections.

Once again these designs have shown the influence of coupling between

the various equations of motion.

® Designs 4 and 5

Designs 4 and 5 are based on the desire to alleviate only the short
period and first wing bending mode response of the vehicle. Like the previous
two designs, Design 4 used the 14th order model while the Design 5 used a 6th
order quasistatic model (PH, SP, 1WB).

Tables 3 and 4 indicate that these designs are totally unacceptable

because 1) the feedforward gains are unrealistically high (Table 3),
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2) the PSD of A”zp has increased more than 10-fold in the frequency range
below 1 rad/sec and 3} because of substantial amplification of structural

mode responses at higher frequencies (¢ > 20 rad/sec).

4.4.2 Output Equation Gust Alleviation

Thus far in this section of the report concern has been for a feed-
forward system designed to minimize the closed loop gust effectiveness matrix
for the system equation. We have then evaluated the performance of our system
in terms of accelerometers. In this we have ignored the fact that the accel-

erometers are influenced by the gust velocity in three ways, i.e.

gy = Az + Bu + Cov

When a control law ¢« = —Cach 7 is applied the output equations become
+
y = Az + |-BG/T, +¢c |v

Minimization of the norm of closed loop system gust effectiveness
(-~66, J, +J ) is not necessarily consistent with minimization of the closed

loop output gust effectiveness matrix
+ .
[—BG, J, +C'] (4-45)

In order to determine the tradeoffs between these two minimizations
the following norm was minimized using the generalized inverse solution to

obtain the control u¥*.

“~Gu” + Tv (4-46)
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The scalar k was used to weight the output equations in the norm more than
. *
the system equations. As the parameter & is increased, the term |Bu + Cv-|

tends toward zero.

® Designs 6 and 7

Designs 6 and 7 of Tables 3 and 4 are cases where four accelerometers
(pilot station, c.g., tail and wing tip) are weighted into Equation (4-46) with
k= 1000 and 10,000 respectively.

Comparing the two gust norms (Table 4) show clearly that minimizing
one is not consistent with minimizing the other. Design number 6 represents
a substantial improvement over Design 1 and represents the best overall allev-

iation yet discussed.

We have seen in this section how our criterion of ''best'! has been
» . . .
expanded from minimizing "Gu. + Jwv " to minizing Equation (4-46) and that

improved gust alleviation of the acceleration results.

4.4.3 Feedforward Gust Alleviatidn Using Modified Jordan Form

The earlier designs indicated the need to compensate in some way for
the coupling between modes and for some technique for weighting one mode
relative to another. One solution is to first apply a decoupling transforma-
tion to the original system of _.Equations (4-36). In this way the transformed
state equation separates or decouples the effects of one mode from the other.

Feedforward alleviation can then proceed as before.

For this end we define the transformation Xx = RZ to the system of

Equations (4-36) yielding

3

\}

RIFRz + R'Gu + R 'Tv ,
(4-47)

y AR;.-’-_.Bu.f-Czr
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For the case considered here with distinct complex eigenvectors, the trans-

formed system matrix has the following form

(4-48)

R FRr

The quantities o; and wjy; are the coefficients of real and imag-
inary parts of the ith eigenvalue. The transformation R is derived from the
eigenvectors of system (1). The first column of R is the real part of the first
eigenvector, the second column of R is the coefficient of the imaginary part
of the first eigenvector. Subsequent columns are derived from subsequent
eigenvectors in the same manner. As a result R is a matrix of real numbers and
the differential Equation (4-47) contains. all real numbers. Had we used the
matrix of eigenvectors, M, rather than R Equations (4-47) would have contained

complex numbers, an undesirable consequence.

The relationship between R and M is given below.

R = MK
where N _J_: _1
; o (4-49)
z T __
- i
K= | 3 -3
: k] Fi
—2_ - . _24
S oo B
5 ! J

Since neither matrix K or matrix M (except for when F = FT) are

orthogonal (MT = M_l) matrix R is not orthogonal.
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Several comments are pertinent at this point. _Eﬁuation (4-47) sho_\_vs
that alleviation of the output equation gust effectiveness B wu + Cv is
not altered by the decoupling transformation and therefore can be treated
exactly as _tréated earlier. Equations (4-48) show the essential decoupllec'l
nature of the new system equation. Each pair of differential equations
describes one complex mode which is uncoupled from every other complex mode.

It was noted earlier that G and J have several rows of zeroes. This is not the
~ case in general of R™1G and R71J.

The columns of R are determined only to within an arbitrary constant
since the eigenvectors of any system are only determined to within an arbitrary
constant. To indicate this explicitly, we will define a family of transforma-

tions, R , computed by multiplying each pair of columns of R by arbitrary

constants, i.e.

R = RD (4-50)

where »

| °
Using the generalized inverse solution of the form (4-38) to the
system of Equations (4-47) yields the control law

-1
a; = —[@T R"T p T D”R"c] TR D DRI w (2)
(4-51)
~ T A -1 ~ -
u’;= -[a’e r/e"cr] CTR TR T (1)

where R'T is the transpose of the inverse of R.

Note that if & is invertible, the control law simplifies to
w = -6"7v as expected.
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The appropriate norm minimized in the generalized inverse solution
(4-45) is
|27"%" "6y + DR = |07 'RGu + DR A

The square of the left hand side of the above equation is

[-p-7=" "Gl + ﬂ"e"’J'v]T [_D"’R"Gu;' + p"z"«f{]

= [eul + 70 | R TDR [Guf + To] (4-52)

Minimizing this expression, a weighted norm, is clearly a different
problem than the problem addressed earlier, i.e. minimizing (4.1). It is
therefore expected that a different control law would be forthcoming. In fact,
every new D matrix would produce a new control law. Equations (4-36) and
(4-52) will be the same only if

R Tp"p 'R =1

but neither D nor R are, in general, orthogonal (D“ﬂab’j so this, in general,

is not true.

Control laws derived in accordance with Equation (4-51) is shown in
Tables 3 and 4, (Designs 8-12). All seven modes are included in the computa-
tions, D = I and the normalization of R is as computed by the eigenvector

routine (EISPAC) employed at Calspaﬁ.
Once again a multitude of designs are possible. All or part of the

rows of D %% and D '"7F can be included in the generalized inverse solution

as described earlier, Equations (4-40) - (4-42).
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Designs 8 - 12

These designs use the Modified Jordan form equations but include
different modes in the generalized inverse solution. The modes included in
each design are indicated in Table 3. Power spectra for several of these

designs are included in Figure 5.

Design 8,which includes all modes in the generalized inverse solu-
tion, has substantially reduced rms accelerations at the four stations com-
pared to the unaugmented case. Design 8 also represents a substantial reduc-
tion in fuselage accelerations compared to design 6. However, the wing tip
acceleration is reduced in the Design 6. Note that these excellent results
were obtained with arbitrary normalization of eigenvectors and without the

need to incorporate output gust alleviation, Equation (4-46).

Modified Jordan form designs which attempt to alleviate the responses
of only selected modes (Designs 9-12) appear to be superior to earlier designs
(Designs 2-5) in that the feedforward gains are in general substantially smaller
and performance in terms of rms accelerations considerably improved. The Modi-
fied Jordan form design which attempts to suppress the input into only the
rigid body modes (Design 10) is remarkably similar in gains and performance to
the quasistatic rigid body design (Design 3). This indicates a similarity
exists between the four rows of the modified Jordan equations of motion which
correspond to the rigid body motion and the fourth order quasistatic rigid body

model derived in a different way from the original 14th order system.

Design 11, which includes the two rigid body modes and the first wing
bending mode shows reduced rms accelerations compared to Design 8 at all four
stations. Design 11 is therefore the design with the lowest fuselage accelera-
tion and should be compared with Design 6 which has lower wing tip accelerations.

Which of these designs is best is a matter of priorities to the designer
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None of the twelve designs shown in Tables 3 and 4 included actuator
dynamics, which were expected to reduce the effectiveness of the designs some-
what. Figure 6 is a plot of the power spectrum of n; for gust alleviation
Design 11, which includes the phugoid, short period and 1ist wing bending mode
in the design, but evaluated using the entire set of equations of motion. It
was assumed that the actuator dynamics could be approximated by first order,
with a bandwidth of 35.1 rad/sec for the collective aileron and direct 1lift
flap and 30 rad/sec for the elevator servo. The results are not as good with
the actuator dynamics included, but significant gust alleviation is still dem-
onstrated for frequencies up to about 40 rad/sec. Above that frequency, some
slight amplification can be seen. Although not tried, the servo dynamics can
be included in the ‘design process, but Figure 6 shows that this would not, in

general, be necessary.

The modified Jordan form appears to offer considerable advantages over
earlier methods, but several unanswered questions remain in the use of the Jordan
form for feedforward gust alleviation design. The first involves whether or not
inclusion of output equation gust alleviation would improve the results ob-
tained to date. The second more interesting one concerns how to select the
D matrix in order to get ''best'" results. A fiist approximation might be to
examine the bode plots of Z(s) to determine approximate amplitudes of each Z
in the frequency range of interest. (This procedure,of course, ignores the
phase angle). Comparison of these amplitudes with the matrix AR from Equa-
tion (4-47) may establish the relative imporance of the modes in the frequency
range. This relative importance can then be translated into new weighting

and the control law then recomputed. Several iterations may be required.
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Section V

MANEUVER LOAD CONTROL

5.1 INTRODUCTION

.This section describes a maneuver.load control design procedure
that has been developed for aircraft under active control. A step-by-step
technique is described that is applicable to any aircraft. It is a computer
aided rather than a completely automated procedure. Options are provided at
every step of the way to allow and incorporate intuition or engineering judg-

ment into the design.

Maneuver load control will involve methods for intércoupling the
control surfaces of the vehicle. Many of these surfaces are unorthodox or
new in the sense that in the past they have not been used for purposes of
maneuvering. It is important then to consider flying qualities requirements
very carefully. The maneuver load control system design procedure explicit-
ly incorporates flying qualities requirements as specified by MIL-F-8785B
(Reference 12) to guarantee that the interconnections among the various con-
trol surfaces will have minimum effect on the flying qualities of the vehi-

cle as specified by the flying qualities criteria.

Control activity or deflection is also an important design con-
sideration. Assuming that-the placement and sizing of the control surfaces
have been properly done, the control system design should then use all the
surfaces adequately and equally to accomplish a load-minimizing maneuver.
For instance, a maneuver to increase altitude can be accomplished'by using
the elevator to rotate the aircraft or by using a direct 1lift flap to have
the effect of an increased La:' Either method for an actively controlled

aircraft would not be taking advantage of the full control capability of the

12. Anon: Military Specification "Flying Qualities of Piloted Airplanes",
MIL-F-8785B(ASG), 7 August 1969.
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aircraft. Additional control surfaces should enhance the controllability

or maneuverability of an air vehicle.

So the design is a tradeoff, and the following procedure allows
for complete interaction by the engineer to use his inherent human intelli-
gence to alter the design in a way that incorporates the constraints, cri-
teria and desirable features known intuitively by the experienced engineer,

but cannot be adequately put into mathematical form.

The final design is a command augmentation or explicit model follow-
ing system, although feedback control techniques are used during the course of
the design process. Essentially the process can be described as using linear
optimal control techniques to define an optimally responding model, the recast-

ing the solution into model-following form. Finally, the system is simplified.

Therefore, feedback control is not an end result, and the maneu-
ver load control system poses no potential stability problems. In fact, the
command augmentation model is formulated in such a way that a step command
input by the pilot, a fairly abrupt command, will minimally excite the elas-
tic modes of motion of the vehicle. This is a desirable design objective,
for if the structural mode control system is either turned off or has become
inoperative, command inputs can still be properly filtered to avoid structural

oscillations exited by pilot commands.

One of the primary objectives of Maneuver Load Control (MLC) in
transport aircraft is to redistribute the wing 1ift generated in maneuvers to
reduce wing bending moments, primarily the wing root bending moment. This
was accomplished in the TIFS design in addition to meeting the secondary
objectives of minimizing wing root torsion, improved flying qualities and
minimum control activity. The resulting system could be mechanized on any
transport aircraft and still be completely compatible with other active con-
trol concepts. After simplification, the resulting system consisted only of
three second order filters inserted between the pilot command inputs and the

three control surface actuators.
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5.2 SUMMARY OF DESIGN PROCEDURE

The basic design procedure for maneuver load control can be sum-

marized in the steps given below. These steps are enumerated before the actual

design is presented so that the procedure does not become lost in the detail

of actually carrying out the design example for the TIFS airplane.

1.

Define or identify a mathematical model for the vehicle to

be controlled.

Based upon this analytical description and knowledge of the
vehicle, select a mathematical model of an airplane from MIL-F-
8785(B) that would produce excellent flying qualities for a

transport aircraft of the type under consideration.

Solve the implicit model or "model-in-the-performance index"
linear optimal control problem. The performance index con-
tains not only the errors between the equations of motion of
the actual éircraft and flying qualities model, but also a

measure of wing bending moment, torsion and control activity.

Using the resulting controlled vehicle, calculate feedforward
command gains that yield desirable steady state responses
and control deflections during a maneuver, in this case a

pull-up maneuver.

Transform the solution into the model following configura-

tion. (See Appendix E).

Transform the model with its feedforward matrix of gains

into transfer function form.

Simplify and reduce the order of the resulting transfer

function for ease in mechanization. The resulting system
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is three second order filters, located between the pilot

stick and each of the three control surfaces to be used for

maneuvering.
. 5.3 APPLICATION TO THE TIFS AIRCRAFT
5.3.1 Step One, the TIFS Mathematical Model

The analytical model for the basic TIFS aircraft shown in Table 5
was taken from the FLEXSTAB estimates that are fully described in Appendix A.
A quasistatic reduction was performed on the complete equations to reduce
them to sixth order. Only the first three complex modes were retained: phu-
goid, short period, and 1lst wing bending. The equations for the sensors,
wing root bending moment, torsion, and shear were also obtained from these
FLEXSTAB estimates. The TIFS was assumed to have the following three con-

trollers available for MLC:

dcp - outboard collectively acting ailerons
S} - direct lift flaps
de - elevator

For some of the calculations the actuator dynamics were needed. Second order
estimates of these were obtained from flight data for 6% and 5; (Appendix D).

The Scn actuator was assumed to be the same as that for 5} . The cruise

flight condition was chosen as a design example because this is where the lar

gest maneuver loads for pullups would be encountered.
The equations are presented in the following form:

x =~ Fz +Gu state equations (5-1)
y = AZ + Bu sensor equations (5-2)
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TABLE 5
COEFFICIENTS OF THE MATRICES OF THE TIFS EQUATIONS OF MOTION
CRUISE CONDITION
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5.3.2 Flying Qualities Model

The TIFS aircraft has fairly good longitudinal flying qualities
according to the specifications of MIL-F-8785B. At the cruise flight condi-

tion of:

V = 150 m/sec
h = 3050 meters
wt = 24700 Kg

its characteristics are:

short period & .694

w = 2,25 rad/sec
phugoid C = .147
«w = .047 rad/sec

first wing
bending mode & = .266
ew = 22,5 rad/sec

n3/x = 22.57 g/rad

This puts the TIFS in the level 1 region of flying qualities but near the lower
boundary of the frequency requirements. In order to improve upon these charac-
teristics it was decided to increase the a%’ so that 60;493/25) = 1, and in-
crease the g7, to .7. The fourth order description of the TIFS from FLEXSTAB
was used as a start for the good flying qualities model. This would yield a
model without the first wing bending mode of the TIFS and would hopefully force
the final TIFS configuration with its MLC system operating to respond with
little motion from this mode. The only derivatives of the base fourth

order TIFS model that had to be changed were A7, and h?% . These were ob-

tained from the short period approximations of:

83



Wsp = {Mg'za - VM, | | (5-5)

'fa: +M9 + VM‘;
ZwWsp

(5-6)

;’.S‘P =

The: flying qualities model obtained from this procedﬁre'yielded the following

characteristics:
short period & = .699
w = 4.76
phugoid ¥ = .104
@ = 070
5.3.3 Linear Optimal Control Solution

The object of obtaining an optimal control solution is to synthe-
size an analytical MLC model which the TIFS can simulate with its standard
model following system. The model should exhibit good flying qualities and
produce a minimum maneuver wing root bending moment and torsion with a mini-
mun of control activity. The feedback gains from this solution along with
the command gains obtained in the next step of the design procedure will com-

pletely define the new MLC model.

To satisfy the requirements of this MLC model, a performance index
was formulated that included quadratic measures of the error in dynamic response
between the actual aircraft and the flying qualities model, maneuver wing root
bending moment and torsion, and control surface motions. The quadratic perfor-
mance index is an indirect, rather than direct, measure of the design objec-
tives but it does provide a stable solution and a way to obtain systematic
trade-offs among the different requirements. The modeling error, wing root

bending moment and torsion are minimized relative to each other in a way that
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produces a most useful kind of solution to the problem. The control motions
are relatively smooth and well behaved and the control effort and maximum de-
flections are managed by the judicious choice of weighting parameters in the
performance index. The resulting control law is linear for a linearized de-
scription'of the airplane dynamics. The performance index, originally investi-
gated in Reference 13, is of the general form:

272 7 [ - Lal2) + NwramlE, + | rorsion |+ Juls] 42
73 A Q, @2 @ R

(5-7)
which is solved for the feedback gains, K, of the control law
U = - Kz (5-8)
subject to the constraint of the equations of motion of the base TIFS:
= Fx + Gu
In the performance index of Equation (5-7),
where: L = matrix of coefficients of good flying qualities
model
. T
@ = control deflections I:d’c-,, , J—}, Je]
x =

state vector [u., w,q,8,n,, I?,]T
@, @z, @4,k = weighting matrices
z|? 27Qx
112

The problem of minimizing a quadratic performance index is a well
established method of flight control system synthesis and literally hundreds

of papers and reports have been written on the subject since the technique

13. Rynaski, E. G. and Weingarten, N. C., "Flight Control Principles for
Control Configured Vehicles", Calspan Corporation Report No. TB-3052-F-1,
also AFFDL-TR-71-154, January 1972.
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was formalized and popularized by R. E. Kalman (Reference 14) and S. S. Chang
(Reference 15). Later reports, like Reference 16, established the relation-
ships that exist between the performance index form of solution (called linear
optimal control) and the more conventional control system synthesis tech- '

niques, like root locus methods.

Many cases were run with varying values for the weighting matrices.
The final solution which was selected for further analysis was chosen
on the basis of matching the good flying qualities model short period char-
acteristics with a first wing bending mode having a high frequency and damp-
ing ratio. The wing root bending moment and torsion were not affected much
by the different weighting matrices, but were mostly a function of the steady
state values of the states chosen in the following step. The characteristics

obtained are summarized below.

Good Flying 1
Qualities Basic Optimal Control
Model TIFS | MLC Model @ -
Phugoid ' .104 .147 .131 Phugoid basically
unchanged
e .070 . 047 .00
Short Period & .699 .694 .702 Short period fre-
quency increased
S 4.76 2.25 4.73
First Wing
Bending ot - .266 .904 1st wing bending
frequency and
damping increased
w -—- 22.5 43.8

14. Kalman, R. E., Englar T. and Bucy, R., "Fundamental Study of Adaptive
Control Systems'", Vol. I and II, ASD-TR-61-27, March 1961 and March 1962,

15. Chang, S. S. L., "Synthesis of Optimum Control System', McGraw-Hill Book
Company, Inc., 1961.

16. Rynaski, E. G. and Whitbeck, R. F.: "The Theory and Application of Linear
Optimal Control", Calspan Corporation Report No. IH-1943-F-1, AFFDL-TR-65-28,
October 1965.
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The feedback matrix K of u = -Kx was:

Geg) w(im/s) - w(m/s) # (rad/s) , O(rad) 2 S "R .
6../ 4068241E~02 B.50169E=01 ~6.19373E+00 =T7.80913E~01 =9.24156E=-01 1.15226E-01' '(5-9)

/ 01
4:/'-5.1h636E—01 9 o685 TOE~03 —~2433896E+00 ~5.05465E-01 7.86013E400 . 1.oazrosegg

This type of feedback control law cannot be mechanized in a real

airplane since the normalized mode deflection (q;) and rate (é,) can not
directly be measured. .However, since this control law is just being used to
analytically define a new MLC model for the model follqwing system, it can

be used in this analysis.

For an idea of the size of these gains, however, an approximate

(infinitely fast actuators) transformation was performed on them to describe

them in terms of the following sensors:

&

A u (m /sec)
Xyane (deg )
Yes (deg/sec)
.5 | se (deg)
An%ce ()
_A n%mwc TP (9°s) _
if dc = - Kz
or Uy = [—Ko][’:]
and y = Ax + B u

- - [0 5]_[2]
chen - T 2) [ - ]

P e DelolBT[Y]
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or

“e L~: QJ[Z]

U, =«
then [I~ Q] c, [P] y
.= [r-@][P]y (5-10)

This above control law is:

let

]

w

Scq® 0423 Aw +.122 A, -./57g, - 078646 +2754n, -.780 4n,

3wr

55= - 0lSE Aw -1.17 Aoay —.689g06 +.0105 08 -5.7547 -4 034n

3cs Fwr

bg= = /227 A /578y —~. 2599, +-011148 -9 /9An3ca+ 067 4n,

%
(5-11)
§, (deg) 2pp (deg/sec)
dee (m/sec) A6 (deg)
Ac, (deg) Anﬁ (g's)

None of the gains are particularly large. However, if this type
of control system was chosen for MLC, it could be in conflict with other active
control concepts such as gust alleviation or relaxed static stability due to
the feedback of %y e and measured accelerations. So the control system was

reformulated as a model following system.

5.3.4 Command Gains and Complete MLC Model Development

The linear optimal control solution described in the above step
describes only the feedback or regulator part of the solutions to the MLC
problem. The input or command gains must also be defined. It was decided

to separately compute the feedforward command gains to yield a good quasi-
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steady state match of the model at some time into a given maneuver, while the
feedback gains would give a good dynamic match.

The maneuver chosen for the MLC system was pilot command input for
.a one-g pullup and the quasi-steady state final time was t = 3 seconds. At this
time the short period had responded but there would be no significant speed
change. Since there are only three control surfaces to control the four degrees
of freedom of motion of the TIFS (including Nq ) the problem cannot be exactly
solved. However, the command gains do yield values for the states close to
those desired.

The command input gains are obtained by solving for the values of

the control vector «, in the following equation:

)Em(tf) = [_F"'GK__Ixm ('f_p) + GU_C

we = (676)7 67 { &, (tp) - [F-ehlm, (£7))  G-12)

where ty =3 sec
F, 6 = the 6th order base TIFS model
K = feedback gains from the optimal control solution

Z,, ({;) & ,Q':m (éf) are the values for the states of the good flying
qualities model at t = 3 sec for «, =, ¢, e .
The values for /4, and I.?, were originally
fixed at 0 to force little motion in the first

wing bending mode at t = 3 sec.

This guarantees that the states of the MLC model have nearly the

same values as the good flying qualities model 3 seconds after the command

input. The trajectory of the response between t = 0 and t = 3 seconds will

be different and this difference will be a function of how closely the re-
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quirement of minimum dynamic error between the model and actual response com-

pared to the other minimization requirements of the performance index.

To determine how well the optimal control solution was working com-

pared to the unaugmented TIFS, a one-g é% pullup was generated. Using Sa_and

%e

the center of '1ift due to &, was outboard of the center of 1ift due to c .
Therefore, gearing <§} and '56 increased wing root bending moment and only

together without feedback was also investigated. It turned out that

decreased Ao as 63 was used to generate the one-g pullup. Gearing 6;ﬂ,
5}, and S, without feedback would produce the same steady state values as
the optimal control solution with command gains, but of course would not have

the improved flying qualities of the MLC model.

The optimal control solution with command gains chosen to match
ail states of the good flying qualities model at t = 3 sec yielded an 85%
reduction in maneuver wing root bending moment (64,000 N-m vs. 450,000 N-m)
but increased the torsion by 600% (60,000 N-m vs. 9,000fN-m) over the
base TIFS 6; pullup. This increase in torsion is not as large as it may
appear since 609 and 53 will torque the wing while cz alone has little
effect on torsion. However, it was felt that the torsion should be held to a
minimum. If more positive 53' was used (by reducing the at t = 3 seconds)
to balance out the negative 6&4 , reduced wing root torsion would result.
This, of course, would increase the bending moment, but as it turned out, not
by much. When Aa at t = 3 seconds was reduced from the exact match of 4 de-
grees to 3 degrees a minimum plus/minus excursion in torsion resulted (¥16,000
N-m) while bending moment only increased slightly (98,000 N-m). However,
the magnitude of ééﬂ needed for the one-g pullup increased to -16.2 degrees.
This was judged to be excessive. Also the 78% reduction in bending moment was
not felt to be necessary. Therefore the goal of a 50% reduction in maneuver
wing root bending moment with minimum torsion was set. To obtain the increased
bending moment, the value of n, atts= 3 seconds was allowed to increase
from its original value of zero. The 50% reduction in bending moment was at-

tained while torsion was held to *18,000 N-m with only -10 degrees of é.p4
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necessary. This is a 100% increase in torsion over a 3¢ only pullup but is

equivalent to the torsion produced by a 5.5 degree aileron input.

The command gains obtained for a one-g pullup were:

Scal/Scmp = =5.33
83/ 8cro = 517
Se/Scrp = 13.7

v

The control deflections required are not as large as the above gains imply

due to the feedback gains that are also used.
A summary of the above procedure is shown in Table 6. All values
shown are the quasi-steady state values at € = 3 seconds. Figure 7 shows the

comparison of the augmented TIFS and MLC model one-g pullup responses.

5.3.5 Model Following System for TIFS

In cases of global controllability, the model following and the
feedback solutions to the problem of forcing one vehicle to respond exactly as
programmed are exact equivalents or duals of one another. Appendix E discusses
this duality and shows the general relationships and restrictions for implicit

and explicit model following.

A standard model following system for TIFS was obtained next. Us-
ing just the unaugmented fourth order equations for TIFS, feedforward gains
were calculated that would force this description of TIFS to exactly follow (.,
o, 25 and @ of the sixth order MLC model. It was felt that if the states were
matched, then p,, wing root bending moment and torsion would also closely match

the MLC model's response.

The model following gains were calculated from the following equa-

tions:
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TABLE 6

ONE-G PULL-UP MLC RESULTS

8cq input

Unaugmented Unaugmented Opt. Cont. Sol. Opt. Cont. Sol. Opt. Cont. Sol.
TIFS 8¢ only | TIFS S}and 8, Match all states Vary A (t=3) for Vary 7; (t=3) for
Pull-up at t = 3 sec Min. Tors. Smaller §; o o
Maximum Wing
Root Bending| 450,000 564,000 64,000 98,000 226,000
Moment, N-m
Maximum Wing .
Root Torsion, 9,000 -51,000 50,000 +16,000 +18,000
N-m
Az, deg 3.6 1.3 4.0 3.0 2.9

Tiss. 4.5 5.4 0. 0. 1.7
) » deg - - :

s 1.67 2.05 0. 0. -.6 \
8. 5 989 -- 10.0 2.3 6.4 3.4 |
Scag o 989 -- -- -13.8 -16.2 -19. |

Yields high No Improve- Very low WRBM, . By reducing A By letting WRBM and
Remarks wing root ment, just high torsion (but in pull-up, more 7 increase to aboutf‘
bending trades A same level as that J} & d., are half of unaugmented
moment, low with 8,' due to unaugmented required but TIFS maneuver values |
torsion with in- TIFS 5} pull-up) torsion was lower control motionsi
creasing minimized at are required, torsion'!
WRBM & equal + is equivalent to that!
i
Torsion excursion due to a 5.5 deg !

|
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Zres = Fries ®ries * Gries &

if w = =Ky Epmpe - K2 ”.MLC
T

where [x] = L“,“ﬁffé]
then Zrirs = FiesXries =~ Cries Ki%py o = Gries K2 a.r,.,,_c
if Zrirs = Zme and Zpps = Zarc

ol -7 T

r.V77 .7

Kz = -|G'G Gries (5-14)

To check the results of this model following setup, the complete
system was mechanized on a digital computer. The above model following gains
were used with the sixth order TIFS equations and controllers modeled with
second order actuators. This complete system is shown in Figure 8. Almost
exact model following was achieved as is shown in Figure 9, The slight mis-

matches were primarily due to actuator lags.

5.3.6 Transfer Function Form

The complete MLC model and model following system could be mech-
anized on the TIFS. However, a system as complex as this would not be prac-
tical to be implemented on a production transport aircraft. Therefore, a

simplification to this system was sought.

It was decided to transform the entire MLC model mechanization
and model following system into a command augmentation system. This could
be done since no feedback was required to obtain the proper responses. The

complete MLC system of Figure 8 can then be written as:
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where each of the three (Sb'nrs /‘S/Npur) blocks are simply transfer func-

tions or filters that the ix‘l:f)'upt is procéssed through to obtain the TIFS com-
mands. These transfer functions were obtained by multiplying the MLC model

transfer functions by the feedforward model following gains

6°'r X X -
_ 38 oy - |- m - m 5-15
A (s) [ K,J l:&mpur(sgl + [Kz__l l:smpu-r(S)J ( )

The resulting transfer functions were sixth order numerators over sixth order

denominators. These filters would produce the same response as the complete

MLC model and model following mechanization.

The characteristics of these transfer functions or filters are

summarized below:

NUMERATORS DENOMINATOR
Sca .
S g, = .057 g, = .131 phugoid
INPUT
Wy = .0981 w, = .0895
g, = - .l01 g, = .702 short period
Wap = 6.53 w,p = 4.725
T, = .090 ;’3 = .905 first wing
bending '
T, = .0035 wq = 43.83
gain = -12.47
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Sy L, = .215

Sweer L oes
&, = .778
W, = 17.65
T, = .987
T, = .128
gain = 1.98
% Z, = -~12.78
T = 7.91
Tz = 1.67
Tg = .437
Ts = - .0383
T, = .0153
gain = .834
5.3.7 Simplification of Transfer Functions

Even though the transfer functions defined above may be more
practical to implement than the original MLC system, they still are somewhat
complex. Therefore, it was decided to simplify or approximate these transfer

functions with lower order filters which would be much easier to mechanize.

The method used was to fit the Bode diagrams with lower order
transfer functions by a least squares method. This is the same method which
was used to model the flexible characteristics of the TIFS from flight data
(References 7 and 8). The éimplest approximation that was attempted was
to fit the Bode diagrams with second order numerators over second order de-
nominators. The denominator characteristics were held fixed at the desired
short period characteristics of the full transfer functions and the steady
state gains were also fixed. Second order numerators were then identified.

It was felt that this would yield command augmentation filters which would
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produce control motions for response matches in the frequency range of inter-

est. The characteristics of these transfer function approximations are shown

below:
NUMERATORS DENOMINATOR
S A
-6.—“;; g = .063 g = .702
4
= 6.67 «w = 4,725
gain = -10.15
S
—2 . %, = 683
JINPUT'
2’2 = .261
gain = 3.45
)
= T, = 3.33
JINPUT'
2 = 1.64
gain = - .48

The transfer function Bode diagram matches are shown in Figures 10,

11 and 12. Small gain adjustments had to be made to account for the quasi-
steady state effect of the phugoid mode in the lower order transfer function.
Time histories for a one-g pullup command input were run on the digital computer
with these simplified transfer functions acting as command augmentation fil-
ters., These time histories are shown in Figure 13. The responses match the

MLC model fairly well. There is some overshoot in wing root bending moment

but the maximum value still remains less than 60% of the base TIFS values for

the one-g pullup.
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Section VI

STRUCTURAL MODE CONTROL

6.1 CRITERIA DEVELOPMENT

Criteria development for structural mode control was given primary
emphasis in the structural mode suppression effort of this program. Without
at first considering the elements of the feedback control system for mode sup-
bression, it seemed appropriate to consider what should be done to the elastic
vehicle if complete freedom was allowed in choice of sensors and the control
surfaces used to produce forces and moments that would have the effect of al-
tering the damping ratios and natural frequencies of the structural modes.
Ideally the feedback control system should act to rigidize the vehicle, or
rather, to force the vehicle to respond as a rigid vehicle would respond. It
can be weakly argued that the structure should deform during maneuvering to
relieve wing or body loads, but from a fatigue point of view, where fatigue
failure is caused by strain, the structure should not be in dynamic elastic

deformation.

If an ideal feedback control system is to have the effect of
rigidizing an elastic vehicle, then the feedback should increase the natural
frequencies and damping ratios of the structural modes. A perfectly rigid
vehicle theoretically has all its elastic modes at infinite frequency. It is
unrealistic to expect a control system to be able to do this, but it is rela-
tively simple, within the stated objective, to formulate a performance index
that yields successively more accurate approximations in an quadratic sense.

The general conceptual form for this performance index becomes:

in [0 2 R
V="u J {“xne‘x " Xrigro “Q * “u”e}dt (6-1)

where Xp,z,n 1is the state vector of a rigid vehicle model and X, o, Tepre-
sents the state vector of the flexible aircraft model. The performance index

of Equation (6-1) represents an explicit model following or servo problem.
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The impiicit or response feedback equivalent to Equation (6-1) is given by

the performance index

V= \/o"”{");ﬂ” - Lzm.ex”:*' ”U-":, }d?f (6-2)

where L represents the system matrix of a mathematical model of a rigid

vehicle, represented by the equation

£ = Lf (6-3)

and ¥ is the model state vector, a 4 x 1 vector to represent the longitudinal
degress of freedom of motion of a rigid vehicle.

The performance index of Equation (6-2), although closer to the
desired criteria, still will not necessarily yield a control system design
that forces the flexible vehicle to tend to behave as a rigid vehicle. To
show this, consider the Hamiltonian equations associated with the performance
index of Equation (6-2). For the system equations or constraint of the per-

formance index

X = Fx + Gu (6-4)
the Hamilton equations become

(6-5a)

X = Fx — 6R™'G7 2

“A = FTA -Qx + QLx - Lqx + LQlx (6-5b)

where A Pz, with P the Riccati equation variable.

The characteristic polynomial of the Hamiltonian equations are

given by the root square locus expression

I+R6T(~Is - F7) -2s-17)Q(Is-L)(Ts -F) G |l-0 (6-6)
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Equation (6-6) is a general equation for the closed loop eigen-
values of the optimal and adjoint system resulting from the performance index
of Equation (6-2). This equation shows that closed loop eigenvalues or poles
of the flexible vehicle will originate as expected with the open loop poles.
However, they will not terminate at the eigenvalues of the model or at infinity,
but at a location intermediate between the open loop values and infinity. This
intermediate terminus is defined by the adjugate of E:[s-F'ﬂ and of EZS—IT]
as well as from '(:[5"[?) and (Zs -/). . This means that implicit model
following for structural mode suppression as formulated by Equation (6-2) is
still very heavily dependent upon specific control variables, sensors and

sensor locations, a dependency that should be avoided.

Because it is only the eigenvalues that may be specifiable for a
flexible vehicle control criteria, and the eigenvectors or zeros are sensor
and control surface dependent, the flexible vehicle and the rigid mathematical
model could well be defined in the phase variable form, as outlined in Section
III. In the phase variable space with state vector ¢ , the system description
is invariant for any controller and is independent of the outputs, which are
defined by the transformation matrices 7; . In this form the performance

index becomes

. o0
_nun . 2 2
i V="n [ {H Yreex ~ Fok Yerex “62 + U }dt (6-7)
?'[4-)(4 0
where 0 o and r is a scalar that can represent a weighting

on a general, but unspecified control input. F;R is the system matrix of the
rigid airframe in phase variable form. It can be shown (Reference 16) that the

root square locus expression for the performance index of Equation (6-7) is

given by
7 +_Z I"Is "F.o;“IS-FORI =0 (6-8)
" -zs-£7 lzs -4, |
or |~Is- 7T -5 |+ £ |-z -A]l 25 -5 - 0 (6-9)
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The root locus expression of Equation (6-9), associated with the
performance index of Equation (6-7), shows that the closed loop poles of the
flexible aircraft will originate at the open loop poles and terminate either at
the poles or eigenvalues of the model and at infinity. It is believed that the
performance index of Equation (6-7) and the associated root square locus ex-
pression of Equation (6-9) properly defines a logical design criterion for
structural mode suppression. As was desired, this criterion will define the
eigenvalue locations of a particular flexible aircraft for systematically
better approximations, in a quadratic sense, to a completely rigid vehicle.

The eigenvalues of the flexible aircraft associated with the short period
motions will terminate at the model eigenvalues. The remaining eigenvalues,
those associated with the vehicle flexibility, will tend towards infinity.

This is the result that was sought.

The advantage of the performance index of Equation (6-7) and the
resultant root square locus expression of Equation (6-9) is that they are
independent of the control surfaces and the instrumentation to be used. It
defines only how to state the objectives of a structural mode control system
design in terms of what we should attempt to do with damping ratios and
natural frequencies of the structural modes. The mechanization of the feed-
back control law is independent of the specification for the location of the
closed loop roots of the system. The mechanization of the control law, as de-
veloped in Section 6.3 below, is independent of the criteria or performance

index. This is a desirable result.

6.2 CRITERIA APPLICATION TO TIFS

The equations of motion used to generate the root square locus
plot were taken from the 14th order FLEXSTAB analytic representation of the
TIFS aircraft for the cruise condition. This included the phugoid and short
period poles, and the five lowest frequency modes attributable to the aero-
elasticity of the vehicle. The complete equations of motion for this flight
condition are given in Appendix A and the modal frequencies and damping ra-

tios are given below.
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The model that was chosen was the 4th grder approximation to the
TIFS aircraft, which includes only the phugoid and short period poles of the

vehicle.

For this model, the poles are:

w 0.678 short period

0.146 phugoid

2.25 rad/sec &,
0.047 rad/sec &,

4
Wy

For the flexible vehicle, the poles are:

w, = 2.25 rad/sec Z; = 0.678 short period

W, = 0.047 rad/sec C} = 0.146 phugoid

Wiy = 23,1 rad/sec Z} = 0.255 1st wing bending

«y = 32,9 rad/sec Z, = 0.092 1st wing torsion

sy = 41.55 rad/sec §s = 0.042 1st fuselage & hor. tail bending
&, = 52.2 rad/sec ¢, =0.218 2nd fuselage § hor. tail bending
W, = 61.7 rad/sec ;} = 0.079 2nd wing bending

Combining these roots into polynomial expressions, the results that

are to be included into Equation (6-8) are as follows:

Model:

| Zs - Fopl= s* + 3.10057 + 5.03¢45% +.075945 + 1.7033

|-zs- F7l= s* - 3.100s% + 5.034s" - . 075945 +1.1033
R

Elastic Airplane:

IIS FI * £ 5694x10's" +11095x70% 1 +4.570x10°%s77

+4.2868x10757° + 1.2448x10%° + 71495 x10"%s® + 1. 3928 x 10"%s7

+5.0725 x10'%5% + 5.685x% 10" 1 1.1823x10'%s*+ 3.3743 x 10"

+5.278 x 10762 +7.946x10"s + 1. 568 x 707*
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r .
|'13'W: |1s the same as LIS"FI with changed signs for all the odd powers of s.

Figure 14 shows the resultant root square locus plot, i.e., a plot
of the roots of Equation (6-9) using the polynomials given above. The param-
eter of the locus is g/r » and the values for q/r shown in the plot indicate
the exponent, i.e., g/r = 34 in the figure should be read ¢ﬁ”= 1034. Only one
quadrant of the entire root square locus plot is shown in the figure, the en-
tire plot is symmetrical about both the x-axis and the y-axis. It is not
surprising that a ratio of weighting on the error to the control effort
should reach such very high values before significant changes to the closed
loop poles are obtained. The $°coefficient of the product ]Is -F”-Is —FII
28, while the $° coefficient of LIs-—L|l:Zs-—L'| is
on the order of 1. Therefore the ratio ?/f has to be on the order of 10

is on the order. of 10

before the dynamic characteristics of the optimal system are significantly
different from the open loop. The closed loop roots of the optimal, closed
loop system will be those in the left half plane of the root square locus

plot.

Using the root square locus plot as an aid to optimal system design,
the selection of the matrix of weight factors @ and R have been reduced to the
selection of a scalar weighting factor g/r. In turn, the selection of the
scalar weighting factor gy? is reduced to the selection from among a faﬁily or
grid of closed loop roots or poles. Every set of closed loop poles from the
root square locus plot is an optimal solution, an approximation in a least error
square sense to an increasing more rigid vehicle. The actual selection of
the closed loop poles to be obtained by feedback control has more to do with the
capability or control power of the controllers to produce forces and moments on

the vehicle that would alter the poles, i.e., the controllability of the system.

The root square locus plot of Figure 14 is drawn for the TIFS air-
plane at the cruise condition. The actual plot for other aircraft would differ
from the one shown only in detail in the sense that the open loop dynamics or
eigenvalues would differ from those of the TIFS airplane. The migration of

the roots as defined by Equation (6-8) would be approximately the same.
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The root square locus plot of Figure 14 shows that, in general,
the first objective of structural mode control should be to increase the
damping ratios of the lower frequency structural modes that are included in
the dynamic description of the system. In this, the criterion is in agreement
with past practice. The next effort, in general, should be to increase the
natural frequency of the lowest frequency roots of the elastic vehicle. For
this particular case of the TIFS aircraft, the increase in damping ratios of
the three lowest modes would constitute a good first approximation to a more
rigid vehicle. The actual values of closed loop roots chosen for mechaniza-
tion include an increase in damping and slight decrease in frequency of
the first wing bending mode, an increase in damping ratio with little or no
change in frequency of the wing torsion mode and an increase in both damping

ratio and frequency of the first fuselage-tail bending mode.
6.3 CONTROL LAW SYNTHESIS

Linear optimal control is a synthesis technique for the design of
regulators. The integrand of the performance index defines the states or out-
puts to be regulated by the control variables that appear in the performance
index. Structural mode control, as defined in this report, is the proper use
of control surfaces that will attempt to have the effect of forcing the vehicle

to behave as a more rigid structure in the minimum integral error squared sense.

The theory of elastic structures indicates that the eigenvalues of
an elastic structure should become both higher in frequency and, in general,
have a higher damping ratio as a more rigid structure is approximated. The
performance index or the resultant root square locus expression of Equation
(6-9) directly reflects the elastic structure theory. The root square locus

expression shows higher frequency eigenvalues with higher damping ratios.
This criterion is independent of the outputs or measurements on the

elastic structure and independent of the control surfaces that will be used to

produce the effect of rigidizing the structure. Therefore the root square
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locus plot of Figure 14 contains only poles, no zeros as would be expected.
Zeros of any input-output transfer function are a direct function of the con-

trollers used and the measurements or outputs of the system.

The control law mechanization problem thén reduces to the problem
of pole placement. Complete pole placement is theoretically possible using a
single controller or several controllers linearly connected in a way that
improves the controllability of the system. In practical control system de-
sign terms, this means that lower feedback gains will be required to move the
poles of a closed loop system to new values from their original, open loop

values.

The control law problem therefore reduces to a single controller
problem or a series of single control problems. Adams (Reference 17) appears
to have come to the same conclusion. The use of the phase variable canonical
transformation is again very useful in obtaining control laws for pole place-

ment purposes. Starting with the original linearized system

X = Fx + Gu (6-10)
A canonical transformation can be found
to transform the system into the phase variable form
y = oy + Gu (6-12)
The system matrix £, of the phase variable form has the structure
(0o 1 00 -0 o e
oo 7.0--- 0 1
~ . .
N . _ . (6-13)
F = . , Go=| |
- ~ 0 .
~N
O <.+ + - - 0 Y7 0
Ay Ay - vy, L 7]

17. Adams, R. M., "A Design of a Modal Controller for the B-52 Control Con-
figured Vehicle (CCV)'", Thesis, Air Force Institute of Technology, Decem-
ber 1975.
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The elements cti of F; are obtained from the characteristic

polynomial of the original equations,
D(s) = lIs -/-'-'[

-7
s"+d, "+ ds rd,  (6-14)

n

IT (s+a;)

=71
where the a; are the poles of the system of Equation (6-10).

1l

The transformation 7 from the original system matrix to the

phase variable form is obtained from the equation
-7
7S = |Is-F |[Ts-F] & (6-15)

where S is a vector, 57-= [7 S .5‘2 . .sn-l]

The matrix 7§ is a polynomial matrix made up of the numerators
of the transfer functions of the states X of the system of Equation (6-10)

with respect to the control vector.

The canonical transformation 7 is a matrix made up of the elements
of any column of the polynomial matrix 75 . There is then a different phase
canonical transformation for every controller of the original system. Each

phase variable transformation is of the form

Zy T vt Ty, 1
T o= : (6-16)
_t”, } St Ty, _J

and is, of course, a square, non-singular matrix for a completely controllable

system.

6.3.1 Calculation of Feedback Gains

Let A(s) represent a polynomial constructed from the root square
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locus plot of Figure 14. If q; represents the desirable root or pole loca-
tions for an approximation to a more rigid structure, then for every value of
qﬁr from that plot a desirable closed loop characteristic polynomial can be
obtained ”
- n n-17 -2
Als) = i7=7; (s+a;) =s +4, _,8 +8 ,5" "+ .-8s+8, .(6-17)
A feedback control law that will force the open loop poles a, to

have the closed loop poles &, is simply given by

u = "[80 "do 9 6‘1 "d’, st T < é‘n_] _dn_flg (6—18)

-1
Since from Equation (6- ) we have that ¥ = 7 Z, the control law becomes

w= -[4-D]7T 2 (6-19)

and a separate control law can be obtained for each of the controllers of the
system. A and D are row matrices constructed from the polynomials A(s)of
Equation (6-17) and D(S) of Equation (6-14), i.e.

a = [go 8, §, - - - 8n-7]
p=(d, dy dy - - dy 4]

Equation (6-19) is a very simple expression that will yield a com-
plete state feedback control law for the performance index of Equation (6-2)
or, for that matter, any pole placement problem. A more detailed development
of this control law is discussed in many papers and reports. Reference 18

shows several examples of the application of this technique.

18. Rynaski, E. G.; Whitbeck, R. F. and Wierwille, W. W., "Optimal Control
of a Flexible Launch Vehicle'", Calspan Corporation Report No. IH-2089-F-1,

NASA CR-80772, July 1966.
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6.3.2 Control Law Synthesis - Output Feedback

Each column of the matrix 75 is an »nx/ polynomial matrix of the

form - P n-7
t" + Z-'zs + t,;s - - t7,n'7s
2 -7
tar+ £ 8 +taa8 + - - 2, 48"
7S = n-7 6-20
s L3 + 23,5 + - o+« = €3, .75 ( )
n-~7
Lfnf*tn25+ ) ! ‘ ‘ 'tn,n-fs i

Each row of 7  represents the numerator polynomial of a trans-
fer function of one of the states to a control input. For instance, the
transfer function %1/(.(.1 (s) , in general, given by

-+

2 »
X, (s) = byy + €128 + Lyzs”+ - - - L, ,_,S

(6-21)
U, D(s)

Assuming that x, represents a measurable output of the original
system, additional independent measurements or states of the system can be
reconstructed by passing that measured output through a filter with one or more

poles having a value to that of zeros of the associated transfer fumction.

If %, is a measured output of the system, with transfer function

~q t/,n-/ n-t ‘
% 7 ey Ll (e 80) (6-22)

then another independent measurement is given by

X + _7 n-2
2, @ By ] (5720 (©-23)
= ._D(Ls) t,’n_lsn'2+ C’n_zs”-j-/— I +C'Zs+6',]

This reconstructed output is generated by passing the original
output x, through a simple low pass filter.
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Schematically, the generation of 21;(5) is shown below.

s

x,(.s) —_ ] —_— — - z'v"z(.s)

S+§¢j

where § = - 35 is the zero of the transfer function removed from Equation

(6-22) to form Equation (6-23).

The polynomial of Equation (6-23) can then be used to replace any
of the rows of 7 5 With the replacement indicated above, Equation (6-20)
becomes
3 2 n-2 Sn-ﬂ
t11 + t,z S + t,as + - - - t1,'7'23 + t’.ﬂ-/
2 n-2
€, + Cp5 + €38 + - - * €4 pn 1S5 o
n-7 n-/
6= |ty + L3,8 + - S 23,7-25 't L3545
, ) n-/
_tnf + t’nz - . . . e e . . + bn,n-ls |

and a new control law using a filter or compensation network to reconstruct an

independent system measurement can be again computed from Equation (6-19), as

w=-[a-2]7" (6-24)

This method of compensation network or simplified observer con-
struction can be continued indefinitely. It becomes possible then, to obtain
a very large, near infinite number of control laws using one minimum phase
measurement and »-' compensation networks or any number of measurements plus
networks such that the number of measurements plus poles of the networks is

equal to n, the number of states of the system.

In general, the structure of the feedback system becomes as shown

in Figure 15 given below:
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" VEHICLE
—@ UNDER
'CONTROL MEASURABLE
: QUTPUTS
| COMPENSATION
Ky e | NETWORK

Figure 15 GENERAL STRUCTURE OF COMPENSATION SYSTEM

6.3.3 Restrictions to Compensation Design

In order to keep the compensation or observer system complexity
within reason, a number of restrictions to compensation network design should

be observed. These are listed below:

1. The transformation matrix 7 must be non-singular. There-
fore, at least one measurement or output must have a transfer
function with a numerator polynomial of order »n -/, one less

than the denominator polynomial. This can be guaranteed if a

measurement of the control input is used.

2. Stability demands that none of the compensation networks have
right half plane poles. Therefore, if only one measurement or
output of the system is to be made, this measurement must be a

minimum phase measurement.

These restrictions can be removed at the expense of additional

system complexity if the sensors or outputs can be expressed in the form

3 Cx +Dx

(6-25)

Frx + Fu
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where € and D or € and £ are completely vafiable, i.e., at the disposal of the

designer.

The technique of compensation network construction outlined above
is considered to be a simplification or special case of the general observer
theory of Luenberger (Reference 5); As described above, the observer poles
are limited to the values of the zeros of the output transfer functions. If
complete freedom is allowed in the interconnection of measured outputs and

control inputs, the compensation networks may have any eigenvalues.

6.4 APPLICATION TO TIFS

The compensation network or simplified and practical observer theory

described above was used to define a structural mode control system for TIFS.
The fourteenth order cruise condition analytical model from the FLEXSTAB cal-
culations (Appendix A) was used as the mathematical model of the aircraft.

The characteristics of the modes of this aircraft and the desired '"more rigid"
aircraft obtained from one of the family of solutions to the optimal control

problem is presented in Table 7.

The state vector for this model of the TIFS was:

XT—_- [u, w) 7’ 9, ’?1) ;zjl '?zp )%23 )?3, "?3' '?4_, )‘?4, )75, ).75-] (6-26)

where the #; and 4& are the normalized structural modes. Nine of these high-
er order states were replaced by the accelerometers, pitch rate, and angle-of-
attack sensors that were installed on the TIFS to transform the state vector
into:
y - [“’9’ 71 M2+ M8 "3pitot* ey are”
(6-27)

Nawr® "3sesr > "3arsa® "2ar’ Fe a:y_l

This yielded a system in which more measurable states could be used for feed-
back.
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TABLE 7

CHARACTERISTICS OF THE UNAUGMENTED TIFS AIRPLANE
AND OPTIMALLY "RIGID'" TIFS

UNAUGMENTED OPTIMAL SYSTEM
MODE TIFS g/t = 1031
Phugoid ' .146 .146

w .047 . 047
Short o .678 .679

Period w 2.25 2.25
1st Wing o .255 .379

Bending w | 23.1 20.9
1st Wing 7 .092 .309

Torsion w 32.9 33.5
1st Fuselage z .042 .162

+ Horizontal

Tail Bending «“ 41.55 46-0
2nd Fuselage 7 .218 - .210

+ Horizontal

Tail Bending 52.2 52.1
2nd Wing |4 .079 .079

Bending w!| 61.7 61.8
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- 200
s + 200
the feedback gains needed to produce the desired closed loop poles from the

Using a wide band actuator model for the elevator: 8‘/

root square locus plot were calculated. The wide band actuator was initially
used in the following calculations for purposes of simplification. The re-
sults using more realistic actuator dynamics are shown later. This method
used the phase variable canonical form of the equations in which the numera-
tors of the transfer function of each sensor plus the characteristic equation
of the actual aircraft and the desired closed loop characteristic equation

are required.

The feedback gains which resulted from this process are shown on
Table 8. Some of the gains are extremely large, such as those from the mid-
wing accelerometers mounted at the side force surface. Also three of the
states (:ﬁ,, é&, ﬁs) cannot be measured for feedback purposes. There-

fore, other independent observations of the outputs had to be generated.

This was done by taking the sensors that yielded low feedback
gains and filtering them. It was desired to keep the denominator of these
new filtered sensors unchanged from the original sensor and to keep the order
of the numerator from increasing. In order to accomplish this, the sensors
were sent through first and second order low pass filters which canceled
out one or two of the zeroes in the numerator. In this way the denomin-
ators were unchanged while the order of the numerators decreased by one

or two.

It was decided to produce eight filtered sensor signals to replace
the three %f states and the sensors which produced the five highest feed-
). Various sets of

back gains (» I~

”,
’ ? 2 wene ? 1414}
drior dco 3”’ g € 3 4Lt Bs

filtered sensors were devised. The first set used low pass filters on each
sensor which canceled out its first or second lowest frequency zero. The
next set used low pass filters which canceled out highest or second highest
frequency zero. A third set used these higher frequency filters with an add-
itional lead (.05s + 1) in order to shape the filter to amplify the sensed
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FULL STATE FEEDBACK GAINS
FOR OPTIMAL SOLUTION

(a/r = 1031)*

TABLE 8

e

deg/deg

STATE UNITS GAIN

e deg/m/sec 2.51

e deg/rad - .090

7 deg/1 - .801

2 deg/1 - .828

(& deg/1 - .430
"3 pror deg/g 20.8
3co deg/g 143.0
"yrai cone deg/g 5.57
"3 win rem deg/g .398
'73 wine @ FWD SFS deg/g 179.0
"3 wine @ AFT SFS deg/g -145.0
" worix. Tase TIe0 deg/g .137
#ca deg/deg/sec 4.45
Eyane deg/deg 78.2
5 8.09

*Wide band actuator is assumed.
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signals at the natural frequencies of the structural modes and attenuate

them at higher frequencies.

None of the above three sets of filtered sensors yielded a set of
feedback gains which were obviously better than any one of the others, although
all gains were lower than those from the unfiltered set of sensors. A fourth
set of filtered sensors was generated which was made up of the best sensors
(ones which yielded lowest feedback gains) from each of the previous three
sets. This set did yield feedback gains which were significantly lower than
any of the other sets. None were higher than ten degrees per g. A final set
of gains was calculated using a realistic model for the elevator, a first
order actuator with a time constant of 1/30 second. Again all of the gains

remained less than ten degrees per g.

A tabulation of the feedback gains obtained with the various sets
of filtered sensors is shown on Table 9. The final set of filtered sensors

are shown below:

4.4

(FIRST FILTER ) T
- S+ ¢4

n
31’4/4 cone

(22)%
§2+ (2)(.155)(22)s + (22)%

-n (secowd Furer )
$7aic cone

26.7

(F1RsT FILTER) o7
S +26-7

n
Iwving TIPo

n SECOND FILTER) (57)%(.05s +1)
FYwirg TP S2+(2).3)(57)s + (57)2

(61.8)2

FIRST FILTER)
( $2+(2)(.077)61.8)s + (61.8)%

n
3‘/40:/2. 7TAR/C
TP

(41)2(.05s»1)

(SECOND F/LTER)
s?2+(2)(.52)(41)s + (41)2

”n
3HorIZ. TAIL
TR,

7.9

(FiRsT FILTER) —_—
Fce s+ 7.4

(23)%
82+ (2)(.25)(23)s + (23)*%

gks(secaNo FILTER)
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TABLE 9

FEEDBACK GAINS FROM FILTERED SENSOR SETS

Low - High - High - Best Best Set of
Low Pass Low Pass Low Pass Set of Filters with
Filters Filters Filters Filters Realistic ¥
Sensor Units Plus é :
(.05s+1) €acruaTtor |
Lead j
r F
w deg/m/sec | - .142 .016 - .051 - .028 - .009 |
2 'deg/rad - 8.96 .035 .003 - 1.26 - .168
My ore conve ideg/g 19.2 12.4 -16.3 9.57 - 1.68
in deg/g 44.2 54.8 90.2 - 2.05 - .713
drarc cone THROUGH
/8¢ FILTER)
n 'deg/g 53.1 -66.9 -84.9 7.16 .6.52
‘ Fran CONE (rnROUGH)
2nd FILTER |
n, 'deg/g - .874 -21.6 10.9 - 2.48 5.76
3wine TIP
deg/g .067 6.05 -10.6 - 1.03 -7.16
ﬂ? WING TIP (THRQUGH
8t FILTER
, deg/g -35.3 18.0 1.21 .925 -1.87
PWeNG TP (THROUGH )
2nd FIeT6R
n deg/g 1.75 .548 1.84 .140 .035
poe. rare
TP
n deg/g 7.68 - .523* - .535 .033 - .105
$nog rase THROUVG #
e (/5t FIL &




9zt

TABLE 9, CONT'D

Low - High - High - Best Best Set of
Low Pass Low Pass Low Pass Set of Filters with
Filters Filters Filters Filters Realistic
Sensor Units Plus ' 36 Actuator
(.05s+1) :
Lead
n deg/g 6.27 .258 .254 - .019 .071
%2 Hor. TAIL
7 T (s
26 deg/deg/sec 9.82 -88.5 -28.7 2.74 .695
9.6 deg/deg/sec | 37.2 140.0 100.7 4.12 .382
THQOUGH)
/St FILrER
Des deg/deg/sec | ~11.6 -52.1 -70.2 - 1.57 - .194
(Zees e
Sg deg/deg 21.3 - 2.63 8.74 4.47 1.48




An attempt was made at simplifying the above feedback system.
This was done by eliminating sensors or network and then recomputing feed-
back'gains from the reduced number of sensors by obtaining generalized inverses
to the control law of Equation (6-24). A deletion of rows of the matrix 7

requires a control law computation using the following reiationship

w = -(A -D)(T"T)-’Trz\’ (6-28)

where (777 )~7 77 is a generalized inverse of 7 . Weighted inverse solu-
tions, using methods described in Section 4, could also be obtained. This
type of approximate or suboptimal computation does not give an exact solu-
tion for the desired closed loop pole locations since the number of feedbacks
is less than the humber of degrees of freedom of the system. The few at-
tempts at this technique yielded results that were not acceptable. Eliminat-
ing only a few feedbacks resulted in greatly increased gains and poor approx-
imation to the desired pole locations. Unstable roots were sometimes gener-
ated. Tables 10 and 11 show the results of one of these trials in which one
of the more important feedback paths was eliminated, the highly observable

output of the first filter from the wing tip accelerometer.

Although time and money did not allow a complete investigation, it
is felt that a sensitivity analysis of each of the feedback paths should prove
quite useful. The feedback gain calculation of Equation (6-24) yields a column

matrix of feedback gains as

K= -(a-D) 7"’

where KT= E*—f 7(7_ %, - - «&.,;] (6-29)

In terms of the elements of this gain matrix, the closed loop characteristic
polynomial is given by

n

A(s) = D(5) +7EZ A, N, (s) (6-30)
=/
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| TABLE 10
FEEDBACK GAINS WITH REDUCED NUMBER OF SENSORS

Full ] - One .
Sensor Complement Sensor
’ of Sensors 1. Eliminated |
172 - .009 - .135
o - .168 - 9.53
n _ - 1.68 _ 50.7
¥1aiL cone '
n3 - .713 _ 42.8
TA/L CONE(THROUGH
/st Flere
173 6.52 . 24.9
TAIL CONE
(oS e
n e 5.76 -19.5
2wine TP
' ~ Sensor
n3'w1~a TIP ROV G - 7.16 Eliminated
</8£ FILTER »
n - 1.87 5.30
Iwinve r"’(r.vzoua.v)
2nd Freree
n ' .035 .477
Ywom. rore
7P
03 - .105 174
He_Z;PTﬂIL(,/-:’kF?/gﬁ&
n .071 - .156
3/-/046, THRI/E (rﬂROUGH
7re 2nd Frerer
s .695 8.30
Fes FWEOUGCH -382 38.7
ISY FIL7
2o - 194 - 9.86
o
(B2 te
.Se 1.48 20.0
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TABLE 11

. CLOSED LOOP POLES WITH .
REDUCED NUMBER OF SENSORS

With Full

o _ With One
 Mode Complement Sensor Eliminated
- of Sensors
Phugoid ' .146 .146
* w .047 .046
Short ' .679 .616
Period w 2.25 2.34
1st Wing < .379 .333
Bending w 20.9 22.4
1st Wing ' .309 .456
foxstom o w | 3.5 28.6
1st Fuselage § é‘ .162 - .069
Horizontal Tail w 46.0 47.2
Bending I A )
2nd Fuselage § z .210 .330
Horl?ontal Tail w 52.1 57.5
| _Bending - 4 "
2nd Wing ' .079 - .069
Bending w 61.8 65.2
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where A (s) is the numerator polynomial of a sensor transfer function or the
numerator polynomial of an observer output with respect to the control input.
Using Equation (6-30), each of the feedback paths can be examined with respect
to their effect on the closed loop characteristic equation. Feedback paths

having negligible effect can be deleted from the control law, and the effect
of this deletion can be exactly determined.

In summary, a single controller feedback control system was de-
signed in which the basic flexible TIFS aircraft was made to respond as a
more rigid structure. Realistic gains were calculated for feedback from the
system's sensors which consisted of velocity, pitch attitude, pitch rate,
and accelerometers at the tail cone, wing tip, and horizontal tail tip. In
addition, feedback paths were also generated by passing the accelerometer
and pitch rate signals through easily mechanizable filters.
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Section VII

CONCLUSIONS AND RECOMMENDATIONS

7.1 CONCLUSIONS

The research performed in this program was done in response to a
need for the development of criteria and methods for active control technology
application. Active control technology is in its infancy and although the de-
sirability for immediate application to existing aircraft is obvious, it has
not been adequately demonstrated that the benefits are sufficient to offset

the increased complexity that such systems will require.

There is much to be done in the area of active control technology
development. A casual perusal of this report should be an adequate affirma-
tion. Active control technology implies additional control surfaces on an
aircraft and it is quite clear that much is yet to be learned about where
these surfaces should be located, what their purposes should be, and how they
should be driven to accomplish these purposes. Active control should not be
attempted without first clearly defining the objectives and how they might

best be accomplished. The technology is far from optimized.

Research and development in this area free of constraints relating
to product development and to specific airframe configurations should be con-
tinued. Active control is feasible right now and for existing airframes, but
the technology development will be narrowly restricted if limited to exist-

ing wide body jet airframe designs.

The problem areas in active control technology are many but there
is great opportunity for substantial progress. The results in this report
merely show that there do exist new avenues to be taken, new ways to more com-
pactly and completely define the problem areas and seek viable and comprehen-
sive solutions. The problems aren't all that difficult. Their solutions re-

quire only foresight and modest resources.
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First, among the requirements for active control technology develop-
ment is a real need for ways to accurately predict and continually improve the
dynamical mathematical model of an airframe that shows significant aero-elastic
characteristics. The FLEXSTAB program is a significant step in the right dir-
ection. But the accuracy of FLEXSTAB results could not be correlated or veri-
fied by flight tests of the TIFS airplane. There is reason to believe that
FLEXSTAB may not be directly applicable to the peculiar TIFS configuration. If
not, then either FLEXSTAB should be modified to be able to accept the high
aspect ratio turboprop configurations like TIFS; or FLEXSTAB should be verified
on airframe configurations more directly compatible with FLEXSTAB constraints.
In either case, FLEXSTAB will have limited credibility until flight verifica-
tion has been established. When this has been done, FLEXSTAB will be a power-
ful but preliminary tool for the control system designer to help him derive
effective control laws for structural mode control, gust alleviation, flutter
control and even maneuver load control. On problems of this complexity one
should never put total reliance on a mathematical model obtained entirely by
theoretic-analytical means. A prudent and safe approach requires flight test

verification and a mathematical model derived from experimentation.

The procedure described in this report for the estimation of the
aeroelastic equations of motion of an aircraft shows promise. The technique
makes use of well established methods of system identification in a way that
combines analyﬁical predictions with experimental estimates so that the math-
ematical model can be continuously updated as more and more experimental re-
sults become available during the course of a flight test program. It is also
the expectation that the model can be systematically improved using data that
might initially be considered redundant. Equally important, this method of
system identification avoids.the overwhelming computational problems assoc-
jated with attempts to use Least Squares, Maximum Likelihood or Minimum Var-
jance methods to simultaneously come up with estimates for two or three
hundred parameters. The procedure uses the classical '"frequency sweep' input
excitation customarily used for flutter analysis, so the near-impossible task
of designing an optimal input that would enable each of the two or three hun-

dred parameters to be independently identifiable is avoided.
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Section IV of the report involves criteria for gust alleviation

and shows that many different control law configurations, open loop, closed

loop and hybrid combinations can be used. Only the most conceptually simple
method was investigated in this prdgram, but even this most simple approach

led to a multitude of options and possible results. A control law that ap-

' peared to be both simple in concept and maximally effective was computed for

TIFS. But, like a typical study program, all mechanization realities could
either not be incorporated in the design or they could not be foreseen. Ex-
perimental flight test is required.

Maneuver load control is investigated next in the report. A sys-
tematic and unified approach has evolved to enable the designer to directly
express the criterion in mathematical form, then come up with a family of
candidate solutions that make optimal use of the available control surfaces
and finally to simplify the most viable candidate solution for easy mechani-
zation, at the same time avoiding any stability problems associated with con-
trol law simplification or suboptimal design procedures. It is felt that a

flight test of these ideas is fully warranted now.

Criteria development was the most perplexing part of the structur-
al mode control part of this program. Earlier investigations stressed mode
suppression at particular airframe stations, as in the B-52 program (Refer-
ence 2, 3) rather than trying to define the mere fundamental criteria prob-
lem of where to place the closed loop eigenvalues or poles of the system. A
criterion for defining closed loop pole locations was evolved, independent
of the airframe station, the sensors to be used in the control system design
or the control surfaces to be used to suppress the structural modes. The
result is a criterion that, when applied with a particular control configura-
tion, will result in a controlled aircraft that uses the controllers to force
the aircraft to behave more like a rigid airframe. This is in keeping with
civil aircraft objectives of reducing structural motions throughout the wing
and fuselage, rather than at select vehicle stations. The criterion, however,
does not exclude a tradeoff for "point" modal suppression to relieve a parti-
cular airframe weak point. The merits of the criterion developed in this pro-

gram relative to criteria used in the past have yet to be compared.
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The method of identification of selected rows of a phase variable
transformation associated with the vehicle instrumentation leads' directly to
methods for the construction of simplified observers that eliminate the need
for complete state feedback in pole placement as spepified by the criterion.
Simple lag or lead-lag filters can be constructed that do not require inter-
connections among the measured outputs or a measurement of the control input.
Networks with resonant peaks, the counterpart of notch networks, can be de-
signed to control the modes with minimum feedback gain magnitudes. These net-
works tend to maximize mode controllability, in a sense the dual of a notch
network, whose purpose is to minimize mode observability and therefore con-
trollability. Observer construction in this fashion completes the unified
design procedure of using phase variable transformations for system identifi-

cation, criteria definition (analysis), and control law definition (synthesis).

The techniques of observer construction have been outlined only
for a single controller system. Methods have not been developed yet to com-
bine controllers in such a way to use the different control surfaces most
effectively to accomplish mode suppression, but others (Reference 17) have
contributed significantly to this problem. Theoretically, only one control-
ler (or equivalent) can place all the poles, so additional surfaces can be
used for other purposes, such as sensitivity minimization. It is not yet
known how this can best be done or whether it would cdnflict with mode
suppression requirements. Some preliminary ideas on how to incorporate sensi-

tivity minimization into a feedback control system design have been given in

Appendix F.

Much has been done toward the development of active control tech-
nology, but the work reported is only a substantial beginning. Experimental
testing and parallel theoretical studies would insure continuous technology
evolution and verification for direct application to existing wide body jets

and optimum application to future aircraft.
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7.2

'RECOMMENDATIONS

1.

A unified technique for large scale syétem identification,
criteria definition and simplified observer construction has
been outlined in this report. The ideas, particularly for
large scale system identification, have only been partially
developed and not completely verified by flight test. Be-
cause of the potential advantages afforded by this method,

it is strongly recommended that more complete developmént and
verification of these techniques be undertaken. The follow-
ing is a partial listihg of questions or tasks that warrant

further investigation.

a) Does a gradual and continuous transition occur between
an analytically computed model and an experimentally de-
termined model as more and more experimental data are used
to replace the analytically determined model? Is there
a better way to fuse the data than by direct replace-

ment?

b) Are experimental data really necessary at all? Are FLEX-
STAB or other computer programs sufficiently accurate to
provide a model that a control system designer can use to
obtain control laws for structural mode or flutter
suppression? It appears doubtful unless the control laws
have been designed for substantial insensitivity. A min-
imal flight test or simulation program should answer
some of these kinds of questions and such a program is

recommended .
¢) By using frequency sweep inputs from mere than one con-

troller or force point input, a direct check is avail-

able on the accuracy of the identification results. A
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phase variable transformation matrix can be identified ;
for each input. The following relationship must be

satisfied:

-7 = -7
Ts FaTs,! = Ts, Fy T5,

Because identification in the presence of noise is never
exact, the above relationship can be used to define an

error

"y -7
C=F-073" 7—62-73, 7-52F0

By including a criterion to minimize this error (or a norm
of the error), it should be possible to increase the
accuracy of the identification process. Phase variable
transformations can be added (or subtracted), i.e. the

system matrix can be determined from the expression
= -1
F=(75 +kTs,)R(T5, + kTs,)

where k is a positive or negative constant. A transfer

function calculation
I ' -
H(s) = Is-(Ts,+kng)F—;(T}'+kng) ] G

will yield Z;I and 7}2 . The differences between this
calculation and the experimentally estimated phase vari-
able trarisformation should clearly indicate whether 73)
and T51 have been derived from the same dynamic system,
and therefore whether or not they have been accurately
estimated from the flight test results. It is recom-

mended that the possibilities for increased system identi-

fication accuracy be investigated.
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The criterion for structural mode control given in Section VI
of this report is general — applicable to any aircraft. The
criterion does not, however, consider important individual
airframe characteristics, such as the relative amplitude of
each of the normal mode variables for particular ways that
the airframe can be excited, as by turbulence or by a cqntrol
éufface:défléétibn.. Purther criterion development should be
continued that will trade off relative émplitudes of deflec-
tion of the mode variables and minimize structural deflection

at particular vehicle weak points.

The technique for the construction of simplified observers
using phase variable transformations described in this report
has been developed for single input systems only. It is
certainly reasonable to expect that increased controllability
would result from the use of multiple control surfaces for
optimal structural mode and flutter control. It is recom-
mended that further research be undertaken to develop these
ideas for multiple control usage and to determine the sensi-
tivity of the effectiveness of these observer:s to unknown or

varying parameters.

A family of solutions to the gust alleviation problem was
presented in Section IV. They progress from simple feedfor-
ward systems requiring direct gust measurements to more com-
plex systems requiring gust measurements and feedback. Only
the most simple was studied in this program. It is recom-
mended that gust alleviation designs be computed using sever-
al of the solution techniques, compared in a simulation and
finally flight tested. A number of potential problem areas
exist when applied to real aircraft that were not included
in the analysis. For instance, the level of gust allevia-
tion depends upon the accuracy to which the control parame-

ters and the gust effectiveness parameters, a subset of the
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system matrix, are known. A sensitivity study and actual /
flight should be conducted to investigate these areas that'méy

limit the effectiveness of gust alleviation.

5. The most direct and systematic design procedure outlined in
this report is for maneuver load control. Calspan is of the
opinion that this system can be programmed into TIFS and
flight tested without significant modification to the com-

mand augmentation. It is recommended that this be done.

6. It was recognized early that the control system for an active-
ly controlled airplane would be complex. A system that incor-
porates gust alleviation, maneuver load control and structural
mode suppression can be designed in one complex entity, with-
out necessarily being able to physically separate each func-
tional component of the system. A subjective decision was
made to design each of the functional activities of active
control separately and in a way that they could be physically
separable. In this way, the individual systems could be acti-
vated or shut down as required or desired, and the effective-
ness of the syStems separately or collectively evaluated. A
failure in one system should not render the other two inoper-

able.

7. An alternate single entity gust alleviation, maneuver load
control and structural mode control system should be de-
signed to be able to evaluate the effectiveness of both of

the two design approaches.

The recommendations listed above are general in that they address
the major untouched areas of investigation. Each of the major areas contain
imbedded minor areas that were passed by during the course of the investiga-

tion. It is clear that the technology of the use of active controls is in
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its infancy. A theoretical and experimental research and technology develop-
ment effort paralleling the immediate effort to apply the technology to wide
body jets would be of considerable usefulness to NASA and to the United

States.
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APPENDIX A

EQUATIONS OF MOTION FOR TIFS OBTAINED BY USING FLEXSTAB PROGRAM

This appendix presents equations of motion, sensor equations, and
loads equations for ACT TIFS with numerical coefficients for the climb, cruise,
and landing conditions. The equations of motion and sensor equations were
obtained as outputs of the linear system analysis program (LSA) of FLEXSTAB
which is discussed in Reference 9. Stability and éontrol derivatives which
were computed in the SD § SS program of FLEXSTAB including the effects of
aero-elasticity are also given. The load equations were based on an experi-
mental version of AFLOADS (Reference 10), a program developed by the Air Force
Flight Dynamics Laboratory for use with FLEXSTAB. It was pointed out in Refer-
ence 12 that the AFLOADS program and, in particular, the computation of torque

had not yet been thoroughly verified.

Inputs to the FLEXSTAB program were prepared using geometric and
mass parameters as discussed in Reference 6. The stiffness parameters in
Reference 6 were ''tweaked" in order to obtain a slightly better agreement
between the computed zero airspeed frequencies and those measured in ground
vibration tests as shown in Table A-1. All structural stiffnesses given in
Reference 6 were multiplied by a factor of 1.177 except the wing torsional

stiffnesses which were multiplied by a factor of 1.11.

Rigid body stability and control derivatives computed by FLEXSTAB
were replaced by derivatives extracted from TIFS flight test data. The com-
puted quasi-static derivatives were first corrected for aeroelastic effects.

These modified aerodynamic terms are reflected im all FLEXSTAB outputs.

Assumptions Used in FLEXSTAB Modeling

In the formulation of a computationally practical mathematical
model for the TIFS geometric and structural properties, many simplifying

assumptions were made. This modeling task involved transforming an aircraft
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TABLE A-1

TIFS MEASURED AND COMPUTED STRUCTURAL FREQUENCIES
ZERO AIRSPEED

Sym- FREQUENCY (HZ.)
bol Ground Vib. FLEXSTAB — FLEXSTAB —
Mode Characterization Test Basic Stiffnesses "Tweaked"
# (Original Estimates) | Stiffnesses*
", 1st Wing Bending 3.3 3.02 3.28
n, 1st Wing Torsion 4.9 4.65 5.01
A Fus. § H.T. Bending (Inphase) 6.6 6.09 6.51
Na Fus., § H.T. Bending (180o Phase Difference) 7.5 6.90 - 7.45
Ns 2nd Wing Bending 9.7 9.01 9.77
n, 2nd Fus. & H.T. Bending NA 15.10 16.31
7, Wing Outer Panel Mode NA 17.25 18.33

*In order to improve agreement with ground vibration test results original estimates of wing -

torsional stiffnesses were multiplied by 1.11 and all other original stiffness estimates multi-
plied by 1.177. ' '

#The generalized coordinates for the symmetric structural modes are deroted N,s N2 » R
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and wing with sweep-back, camber, twist, a doublie trapzoidal shape, taper,

two dihedral angles, a complex structure, several airfoil shapes, engine nacelles,
nonsymmetrical fuselage, side force surfaces, and an evaluation cockpit, affixed
on the front of a C-131 into a mathematical form compatible with a computer
program, FLEXSTAB, designed to model sleek jef adrcia@t. The basic raw materials
available for this modeling phase consisted of a complete Convair structural
analysis, circa 1950, a detailed weight and balance of the C-131 and of the

TIFS modifications, structural analysis of the TIFS modifications and complete
design drawings of both the C-131 and the TIFS modifications.

A detailed discussion of the TIFS/FLEXSTAB mathematical model in-
cluding both geometric and structural models as well as a complete listing of
assumptions with discussion can be found in Reference 6. An abbreviated listing

of assumptions follows.
Aerodynamic/Geometric Assumptions

1. Propeller slipstream effects as well as effects of the high
velocity exhaust from the TIFS turboprop engine were not
modeled. This assumption may have a measurable effect upon
both the 1ift and moment characteristics of the resulting
model and particularly on the direct 1lift flaps.

2. First order unsteady aerodynamic effects were included in the
analysis but were neglected in determining the forces and moments

due to control surface deflection.
3. The small side force surface fairing was ignored.

4. The engine nacelle was taken to be a closed body, i.e., flow
through the nacelle was ignored. The TIFS engine, a turboprop,
derives approximately 10% of its total thrust from flow through

the engine.



The fuselage was represented with circular cross sections with
the correct cross sectional area and area centroid locations
even though the actual TIFS area distribution in the region
of the evaluation cockpit fairing is nonsymmetrical. A
similar approximation was made for the noncircular engine

nacelles.

The only planar lifting surface represented with a thickness

distribution was the wing.

Structural Assumptions

1.

Fore and aft bending of the wing was ignored.

The wing elastic axis was assumed to be at 36.5% of the wing

chord in accordance with the Convair structural analysis.

Twenty-two simple beam finite elements, each of constant stiffness,
were used to represent the transverse bending and torsional

stiffness distributions of the wing per side.

The wing was assumed to be effectively rigid inboard of the
fuselage attachments. However, short beam segments were
introduced at the spanwise location of the attachments in

order to represent the slope changes due to bending of the wing

carry-through structure.

The inertia properties of the wing were represented by twelve

equivalent dumbbell masses per side.

The nacelle and engine isolators were assumed rigid.

The side force surfaces were assumed very stiff and rigidly

attached to the wing.
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8. Nineteen masses and twenty-two beam sections were used to

represent the mass and stiffness distributions of the fuselage.

9. Nine simple beam finite elements were used to represent the
transverse bending and torsional stiffness distributions of the
horizontal tail per side.

10. The inertia properties of the horizontal tail were represented
by nine equivalent dumbbell masses per side.

11. Control surface structural deflections were ignored and
control surface rotations were assumed constant along the

span of each control surface.

Outputs of LSA and AFLOADS Programs

The LSA program of FLEXSTAB provides system equations presented

in the following form:

Coefficients of Coefficients of |] . Coefficients of

X, 4t Xyt=0 (A-1
s0 Terms xH * s1 Terms H 52 Terms H ( )

where the components of the state vector {X,,} are airplane rigid body mo-
tions, airplane elastic mode motions, control law variables, sensor outputs,
controller deflections and applied gust velocity. These equations as ob-
tained from LSA are homogeneous because the vector {x,{} contains both output
and input variables. The FLEXSTAB representation of TIFS did not actually
include a control law although the vector {x,| included control law variables.
The control law option of LSA was used merely as a convenient means for

changing the units of the sensor outputs.



The components of the output vector { L } of the AFLOADS program
aré shear, bending moment, and torque and are given as a linear function of
the components in {x,,} s {ii,} and {iﬂ,} . The only load equations given
in this memo are the shear, bending moment and torque about the elastic axis

measured at the wing root (distance outboard of ¢ = 1.4427 m = 56.8 in).

Transformation of FLEXSTAB Equations of Motion to First Order Form

As discusééd in the previous section, the system equations ob-
tained from the LSA and AFLOADS programs involve second derivatives of the
vector {x”} . However, it was desired to have equations of motion for the
TIFS airplane in the conventional first order form used in control system

analysis in which separate state and control input vectors are used.

Thus the system vector {xy} was partitioned into a state vector
and a control and gust input vector and the LSA equations were separated
into equations of motion and sensor equations. The second derivative of any
variable in the LESA equations could be eliminated by the simple expedient
of introducing a new variable identically equal to its first derivative
(e.g., if ¢ = lf.‘. s then '71, = _t/ ). The state vector from LSA was enlarged
by the addition of these new variables and defining equations (g:%z :d'%(ﬁ) etc.)
were added to the equations of motion. The enlarged state vector obtained
in this manner was denoted by {xo} and the control and gust input vector
by {_U } . When these substitutions were made the equations of motion from

thé LSA equation took the following form,

o)+ [a i)« [ J -

The vector of sensor outputs was adjoined to the load output vector
to obtain an enlarged vector denoted by {g/} . Then the sensor equations from
LSA and the load equations from AFLOADS were written as a single vector equa-
tion in terms of {xo} and {U } .
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The equations from FLEXSTAB written in the form of Equations (A-2)
and (A-3) were mechanized on the IBM 370 computer at Calspan. The numerical
values of the matrix elements in Equations (A-2) and (A-3) were the same as
the corresponding eleménts obtained from the LSA and AFLOADS programs excébt
that matrices E42] and [?C{] were modified so that control inputs would be

expressed in degrees rather than in radians.

The standard form of the equations of motion was obtained by re-
arranging Equation (A-2) and pre-multiplying by the matrix [A,] - . The '
state vector was then rearranged so that the components representing the deflec-
tion (7L) in each elastic mode and its time derivative (;?é) would be adja-
cent. This rearrangement simplified the procedure for the reduction of the
system to simpler subcases as discussed later. The resulting equations of

motion could be written in the following standard form,

{x} = [Fl{=} + [c]{v]} (A-4)

where {x} is the rearranged state vector. When the rearranged state vector
was introduced into the output equations (Equation (A-3)), they could be

written in the form,
{yl=[cl{z} + [p]{x] + [£]{v] (a-5)
The components of the rearranged state vector are,

T . . . . . . .
{x} = [U,W7 7;9, '711 '71’ ’7?: '727 73, '737 ’747 '74, '75, '75;'76, VC’ ¢7,V7]

The equations are written for the body axis system and the velocities U and
W are expressed in m/sec, pitch angle & is in radians, g =& is in rad/sec,

the structural mode deflections n,---.n, are dimensionless and #,, .., n,



have the dimensions sec_l. The components of the control and gust input

vector are,

{U}T= [Ssn.v 83 7 Se > Wg]

where controller angles are in degrees and the gust velocity is in m/sec. Com-

ponents of the sensor and load output vector are as follows,

r
{(j} - [”3P ’ ”3’69’ n}r 3 ﬂ}wr’ n;FSF’ n}Asr, ﬂanr, ?cg, wy ) 5‘2’ BME’ 7;e]

Accelerations H%P , etc. are in g's, pitching rate at the c.g. ( 969 ) is in
degrees/sec, angle of attack at vane (cx, ) in degrees, root shear (S, ) in
Newton's and root bending moment (847, ) and root torque 7, in Newton meters.

Tables A-2 and A-3 indicate the positions of the accelerometers and the o7,

vane.

Numerical values for the elements of the matrices in Equations
(A-4) and (A-5) are presented for the climb, cruise, and landing conditions.
The consistency of this data with the original FLEXSTAB outputs was checked
by comparing transfer function polynomials computed from Equations (A-4) and
(A-5) with those computed in the LSA program of FLEXSTAB. The zeros and
poles and coefficients of the transfer functions derived from Equations (A-4)

and (A-5) agreed with the FLEXSTAB outputs to within 3 or 4 significant fig-

ures.

Quasistatic Elimination of Degrees of Freedom

Under certain circumstances, it is desirable to delete higher fre-
quency structural modes from dynamic models yet to include the static effects
of these modes. For instance, if modes with frequencies of 12 Hertz or higher

are not of interest, then it may be useful to delete these modes from the

equations of motion.
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TABLE A-2

TIFS SENSORS AND C.G. LOCATION

Vertical Longitudinal Lateral
Location Location from Location
Sensor from Waterline Fuselage Ref, | from Buttock Line
(Output Symbol) (1) (2) (3
| i

Radar altimeter antennas i 0.0 654 (ave) 0.0
Attitude § Hdg. Gyro +35.5 351 4 LBL
Angular Rate Gyro (7c9 ) +44.5 370 3 LBL
Angular Accelerometer +37 369 4 RBL
Linear Accelerometer at C.G. (n%C9 ) +37 369 1 LBL
Linear Accel. at Sim.Cockpit (n} ) + 3 - 36 0

¢ Vane (&) +19 - 16 46 LBL
B8 Vane -11 - 16 0
Static Pressure Source +10 - 47 43 LBL
Dynamic Pressure Probe +65 + 78 45 LBL
TIFS c.g. Range ~ +36 370 to 379 0

(1) Waterline — Horizontal plane tangent to lower fuselage skin; measurement above

waterline is positive. '
(2) Fuselage Ref. — Extreme forward point of original aircraft nose. Distances aft of
- point are positive. . , .
(3) Buttock Line — Vertical plane dissecting aircraft fore-to-aft,distances are measured

to left (LBL) or right (RBL) of buttock line.
All stations named in inches (1 in. = 2.54 cm) ,
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TABLE A-3
TIFS LINEAR ACCELEROMETERS

Location on Airplane Vertical Location Longitudinal Location | Lateral Location
(Output Symbol) ‘Waterline Fuselage Sta. Buttock Line
Vertical Stabili:zer 266 873 " 2 RBL
Right Wing Tip (n ) = 70 418 610 RBL
3nr
Left Wing Tip = 70 419 615 LBL
Right Wing at SFS -Fwd. Accel. (n3 ) ~ 33 379 358 RBL
FSF
Right Wing at SFS -Aft Accel. (»n ) = 33 415 361 RBL
*ase
Right Horizontal Stab. (»# ) 55 860 232 RBL
3RAT
Left Horizontal Stab. 55 860 232 LBL
Tail Cone (n, ) 55 : 852 0
irc

*All accelerometers measure vertical motion except the one mounted on the vertical stabilizer which
measures lateral motion. All stations named in inches (1 in. = 2.54 cm).




Coefficients for equations obtained by quasistatic deletions are
._inc;géed for two cases. The first case involves deleting the two highest fre-
quency modes, second fuselage bending (&, = 16.3 Hz) and a wing bending/tor-

sion mode (w), = 18.3 Hz). The resulting state vector is of 14th order and
is of the following form:

7 _ : . . . . .
- —[u.w?é' 2t U T2 W2 s Vs Me g s ’75]

The second case involved deleting three more highest frequency
modes, the second wing bending mode ( w, = 9.8 Hz), the first horizontal
tail bending mode ( w), = 7.5 Hz) and the first fuselage mode ( w, = 6.5 Hz).
The resulting state vector contains the first eight variables of the x vec-

tor above.

Stability and Control Derivatives

The nondimensional stability and control derivatives are a prin-
cipal output of FLEXSTAB. Of importance as well are data showing the aero-
elastic effects on these derivatives. This information is included in this
appendix. The three flight conditions included, landing, climb and cruise,
are identical to those of Reference 6. Data is presented in the stability
axis system and is described in detail in Reference 9, Vol. 1 and the c.g.

position is 28.7% MAC.

The pages labeled '"Static Stability Derivatives'" are now described.
Data on these pages are appropriate for analyzing the case where all aero-
elastic effects are treated quasistatically and structural mode responses are
not retained as independent degrees of freedom. Column 2 labeled "RIGID" con-
tains rigid derivatives computed by FLEXSTAB using finite element aerodynamics.
The column entitled "ELASTIC INCREMENT' is the total aeroelastic correction
to the corresponding derivative. The column "TOTAL" is the sum of columns 2
and 3 and represents the derivative corrected for static aeroelastic effects.

The units of each derivative are described in the last column.
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The pages labeled "DYNAMIC STABILITY DERIVATIVES" and "ACTIVE
CONTROL DERIVATIVES'" are similar to each other in form.. The second column
"RIGID COMPUTED" are those rigid derivatives compuﬁed internally by FLEXSTAB.
The column labeled "RIGID OUTPUT' are those rigid derivatives input by the
user in order to replace the rigid derivatives computed by FLEXSTAB. Data
entered in this column are based on derivatives extracted from TIFS' flight
test data as mentioned previously. The measured derivatives were corrected
for aeroelastic effects in order to obtain the required rigid derivative for
input to FLEXSTAB. The column entitled "ELASTIC INCREMENT" is the aero-
elastic correction only for modes which are not retained in the dynamic equa-
tions of motion. That is, if modes 1-7 are modeled dynamically, as was the
case for TIFS, the elastic corrections in this column are for modes 8- co.
The "TOTAL" column (Column 5) is the sum of columns 3 and 4. The derivatives
of column 5 obtained in the‘SD&SS routine are dimensionalized in FLEXSTAB

and passed to the LSA program for dynamic analysis.

The "ACTIVE CONTROL DERIVATIVE" pages describe derivatives for the
three TIFS symmetric controllers, collective aileron ("AILS"), direct 1lift
flap ("DLF"), and elevator ("ELVT"). Derivatives proportional to both sur-
face deflection (''DS") and rate of deflection ("DS-DOT") are shown.

A direct comparison of the quasistatic stability and control deri-
vatives extracted from TIFS flight test data using the Calspan Bayesian Maxi-
mum Liklihood Computer Program (BML) with those obtained from FLEXSTAB are
shown in Table A-4. The c.g. position has been moved to 20.7% MAC, a position
more like the flight test conditions. The parameter identification process
used to obtain the BML results of Table A-4 is described in Reference 1.
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TABLE A-4

COMPARISON OF BML IDENTIFIED QUASISTATIC STABILITY
AND CONTROL DERIVATIVES WITH THOSE COMPUTED BY FLEXSTAB

(Stiffnesses in FLEXSTAB were increased as noted in text, C.G. = ,207%)
LANDING ) CLIMB CRUISE
_ FLEXSTAB BML | FLEXSTAB BML FLEXSTAB BML
CD¢ /deg .0201 .0101 .0149 .00770 .00312 .00378
Cpé.e /deg .00145 -.00160 . 000975 .00377 -.000022 .000239
CD63 /aﬁeg NA .00164 .00133 .000321 .000388 .000153
C’,,,y/ra.d -40.1 -43.4 -40.2 -36.7 -41.1 -37.7
C',,,a/deg ~.0404 -.0204 -.0408 -.0201 -.0443 ~-.0176
C,,,(S /dey -.0549 -.0418 -.0521 -.0428 ~.0487 -.0406
e
Cm; /aay NA -.00279 -.0588 -.00362 ~-.00724 | -.00387
Cm.a/rad -14.3 -16.4 -14.6 -13.9 ~-17.8 ~-14.2
a
€l e .101 .0950 .103 .0941 111 .110
CLJ .0141 . 00844 .0140 .0100 .0128 .0175
e
0453_ NA . 00982 .0230 .0173 .0227 .0156
NOTES: 1) BML and FLEXSTAB are not directly comparable at landing since
flight tests from which BML results were derlved were with
8, =& = 15° while for FLEXSTAB Sy 8. = 0°.
2) NA means data not presently available.
3) cnui from FLEXSTAB is not corrected for change of c.g. posi-

tion from .287 to .207¢C.
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COEFFICIENT MATRICES FOR ACT TIFS

EQUATIONS OF MOTION AND SENSOR AND LOAD EQUATIONS

{(Seven independent structural modes)
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-2.355190+02
0.0
6.81198D+02
0.0
3. 533250402
0.0
7. 303800401
0.0

=1. 16230D404

9.18292D-04
~T.258650-03
-2.08972D-03
0.0

0.0

1.4 77070+00
1.0 0000D+00
-3.571930+00 _
0.0

2 4485410400
0.0
2.15661D+00
0.0
~1.3684TD+00
0.0
~1.81253p-01 .
0.0
-2.171050-01

-1.03038D-03
-3.853180~02
~2.6T8770-03
0 .o
0.0 -
2.743870+00
0.0
=1.23008D+00
0.0
3.29768D+00
0.0
1.47392D+00
0.0
~2.662010-01
o.o
-1.153280+00
1.00000D+00
~1.51585D+01

3.26900D-02
-2+ 107060-01
1.85363D-01
0.0
0.0
1. 29270D+02
0.0 .
.6291534D+01
0.0
-1.81135D0+403
0.0
~2.089120+02
0.0
—4+,968540400
0.0
-9.857430+00
0-0
-4.036630+4+01

~].28856D—04 |
1.013290-Q2
2.137740-03
0.0

0.0 |
-1.304990+ 0
0.0

1.900%D+00
1 00000D+00
=5 .3 70920400
0.0 '
~24999170+00
0.0

138682 D400
0.0

5.292100-01
o.o A
2.072370+00 |




- 9T~V

COLUMNS 1 THRU 10

0.0 1.01900D0-01

0.0 1.019000-01

0.0 1.019000~-01

0.0 1.01900D0-01

0.0 1.019000-01

0.0 1.019000~01

0.0 1.019000-01

~64921330-05 ~3.9T976D-04
=5.847690-05 ~2.166470-04
COLUMNS 11 THRU 18

0.0 439597004

0.0 -3.198 64D-04

0.0 1.234010-03

0.0 2.60966D-03

0.0 —2.633100-05

0.0 =3 +214940-04

0.0 =2 «2T441D-02

=1.552720-03 ~7.119160-06

7.295860-03
~-1.75884D-01
-9.369820-03

0.0

Olo

64209990401

0.0
~3.075130+01

0.0

1.812020401

0.0
-5.15738D+00

0.0
-3.589150+01

0.0

2.56419D+00

0.0

4.218790-01

-1.086250+00
=3.75094D-02
1.211590+00
8.986560-02
-1.203440-02
8.069460-02
1.232990+00
-1.620900-03
~8.126980-04

0.0
0.0
0.0
0.0
0.0
0.0
0.0
1.736640~02

[~R-N-Na-NR-RolN]
EEEEREEREER

l-E-N=N-R-Ne N g=i]

~5.29880D~04
T.03314D-04
=7.72198D-04
9.153680-03
=1.790380-03
~1.56722D-03
3.07636D-03
~%4.12186D0-07

L—3.135610-03 6.90440D~08 —-3.511980-03 4.42724D-08

LANDING (Cont.)

-5 .38656D-03
-1.257630-01
4 .00806D-03
0.0
0.0
4.69518D+01
0.0
=6 .48365D0+00
0.0
~2 .02748D+01
0.0
~1.042470+01
0.0
1.89255D+01
0.0
6+45802D+00
0.0
9.60380D+00

+207610~03
6.481720-03

«155470-01

2.53396D-02
-1.090300-01
-4,689330-~02
0.0

0.0
=1.282460+01
0.0
=3.06995D+01
0.0
5.21878D+01
0.0
5.864390+01
0.0
1.040600+00
0.0
1.45615D+01
0.0
~4.71305D+00

8.213140-04
3.02643D~04
R .583040-04
-5 .58274D-03
-2 .039020-03
=2 .139900-03
1.34916D0-03
9.70018D~06
3.42020D0-06

1 .364440-03
1.00932D-04

-8 ,020550-04

-1 .34610D-03
1.26662D-03
2 «044110-04
6 .670370-03

~1.206080~06

8.108940-0;W
-9.112970~01
-3,320030-02
0.0

0.0
1.4T77800+02
0.0
-6.178520+01
0.0
6+38380D0+01
0.0
4.91292D+01
0.0
=3.33340D+01
0.0
=1.709830+01
0.0
-9.167300+01
—

0.0
0.0
0.0
0.0
0.0
0.0
0.0
-9, 78039004
1.32194D-02

0.0

0.0

0.0

0.0

0.0

0.0

0.0
~6. 606200~02

29286003 ~4.237790-06 —4.236100-03

1.750640-03
=2.29581D-04
1.26865D-03
3,84469D-03
3.238380-04
6.71113D-04
3.720370-03
-4 .502880-06

=7 +44481D-04
1.008300-04
.3.11916D-05
-1.656890-03
2.7767TD-03
~1.214650-03
-1.102560-03
~2.373760-05

=1.02724D-05

0.0
0.0
0.0
0.0
0.0
0.0
0.0

=3.394290-04
6 6 6324 D04
~T 22165004
~2 4 54 TT1D~03
=2 «5 9030 D~ 04
3.595030-04
=1.222800~02

4430463002 4.42152D-06
=1.40277D-06 —2.325600-03 2.03259D~06




LIV

LANDING (Concl.)

COLUMNS 1 THRU 10

0.0 0.0 ~6.93430D400 1.218720-01 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 ~6.93430D+00 1,21872D-01 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 ~6.934300+400 1.218720~01 0.0 0.0 0.0 0.0 0.0 : 0.0
0.0 0.0 60934300400 1.218720-01 0.0 0.0 0e 0 0.0 0.0 0.0
0.0 0.0 -6.934300+00 1.21872D-01 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 -64934300400 1.218720-01 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 ~6.934300400 1.218720-01 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 5.729580+01 0.0 0.0 0.0 0.0 0.0 0.0 0.0
0.0 8.420000-01 -8.546300400 0.0 0.0 0.0 0.0 0.0 0.0 0.0

COLUMNS 11 THRU 18

0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
-

0.0 0.0 0.0 8.420000-01




81-v

4.680400-03
=2.792420~-01
~2+6T1460-03

0.0

0.0

5.153890+01

0.0
=1.44853D+01

0.0

6.310190400

0.0

3.323920+00

0.0
~1.02604D+01

0.0
-2.05993D0+00

0.0 )
=1.79924D+01

-1.191530-02
6.311440-01
5.11171D0~02
0.0

0.0

~8.38008D+01
0.0
4o 60736D+01
0.0

~4.74159D401
0.0

~2+21510D+03
0.0
1.44918D+01
0.0
8.46910D+00
o.o

i 5,37 +
-‘L_S 377020+01

COLUMNS

1 THRU 10

1.179880-01
-9.,037530-01
~2.54994D~02
0.0
0.0
1.57683D+02
o.o
—6 .626 320101
0.0
6.88339D+01
0.0
5.251 340+01
0.0
-3.598 78D+01
0.0
-1.749550+01
0.0
~9.735810+01

COLUMNS 11 THRU 18

2.51621D0-05
3.628410-03
2.63097D-03
o.o
0.0
2 .44680D+00
0.0
1.28594D+00
o.o
~4.2987D+00
1.000000+00
-1.068564D+01
0.0
~4+73294D~01
0.0
4.156170-01
0.0
-1.31778D+00

=6.64165D0+00
8240700401
-1.216590+00
1.00000D+00
0.0
~4.629010+02
0.0
-5,66103D+02
0.0
9.162680+02
0.0
1.295330+03
0.0
=7.33570D+01
0.0
1. 71955D0+02
0.0
1.88032D +02

1l.26467D-02
-2.087500-01
2.700280~02
0.0
0.0
1.18844D+02
0.0
—4+743100+01
olo
9.54352D+01
o.o

1.449561D+02

0.0
-3.77215D0+03

0.0
=5.44T706D+01

0-0
=6.736390+01

~9.773420+00
=7+961440~-01
3.017450-03
0.0
0.0
4.74051D+00
0.0
8.15918D-01
0.0
-1.29867D+00
0.0
~2454014D+00
O.o
-4,11509D-01
Ooo
~T.779230~01
0.0
=2 +94951D+00

233854004
-6.635810-04
3.348910-04
0.0
0.0
2.59195D0+00
0.0
=1.62T7470+00
0.0
1.51768D+00
0.0
1.23180D-01
1.000000+00
~6.,778480+00
0.0
1.227290-02
0.0
~3.30639D0-02

CLIMB

-1.310700-03
2.507150-01
9.789890-03
0.0
0.0

~4.63616D+02
0.0
1.41551D+401
0.0

=1.04612D0+01
0.0
5.237730+00
0.0
T7.62790D +00
0.0
4.053240 400
0.0
3.781390+01

-3.532190-02
3.34891D+00
4.061060-01
0.0
0.0

-4,0443D+02
0.0
3.05668D0+02
0.0

~3.0085504+02
0.0

-1.93414D+02
0.0
9,414030+01
0.0

-1.03738D+04
0.0
2.99454D+02

Fr + Gu
Cx + Dx + Euw

=1.47907D-03
1.458780-02
9 .34103D0-06
0.0

1 .00000D+00
~6.71213D+00
0.0
2.05353D+00
0.0
-1.11837D+00
0.0
1.381600+00
0.0

2 .48853D+00
0.0
5.590670-01
0.0

2 .66888D+00

=2 .12204D-04

=1.707320-02

9 +40861D~-04
0.0
0.0
1.78438D+400
0.0

-3 .16483D0-01
0.0
1.01768D+00
0.0
1.06053D+400
0.0

-2.82547D~01
1.000000+00

~5.19773D+00
0.0

~3 .43540D+T0

1. 38562D0-02
~6.206820-01
~6.72215D-02

0.0

0. 0

8+49966D+01

0.0
-1.03862D0+03

0. 0

6. 446330401

0.0

5. 30629D+01

0.0
-2+ 059360+01

0.0
-8.78853D+400

0.0
~7.217020+01

-9, 80676D-02
1.091890+01
3, 264850~01
0.0

0.0

-2.18332D+03
0.0
6.29104D+02
0.0

-2.52378D4+02
o'o
6.5142704+02
0.0
3.877520+402
0.0
9. 037280401 °
C.0

6 .97203D~04
-7.586020-03
=2.200610-03

0.0

0.0

1.522300+00

1.00000D+00
~3.69868D+00

0.0

2 .65646D+00

0.0

2+31326D+00

0.0
-1.46429D+00

o .0
-1.78742D-01

0.0
~1.757240-01

-8.275720-04
—4 .4 4704D-02
-2.906200-03
0.0
0.0
3.4 6544D+00
0.0
-1.45034D+00
0.0
3.609980+00
0.0
1.47134D+00
0.0

3. 14965002
1.479390~01
1. 84985001
o. 0
0.0 .
1. 486T74D+02
0.0
6.65386D+401
0.0

~1.81651D403
0. o

~2e 242420402
0.0

~6. T9665D+00
0.0

-1.09053D+01

o.o
~5.089430+01

-3.,92460D0-01

0.0

-T.2ZB760D+00

1.000000+00

=Y. 18826004 ~1.82480D+01T — T T

=T 9 44120-05
1.119580~-02
2.21272D-03
0.0
0.0

=1 «465920+00
0.0
2.402285D+00
1.00000D+00

557991 D+00
0.0

=3 .155790+00
0.0
1.501070+00
0.0
5..703500-01
0.0
2.25873D+00




61-v

0.0
0'0
0.0
0.0
0.0
0.0
0.0

0.0
0.0
0.0
0.0
0.0
0.0
o.o

—

COLUMNS 1 THRU 10
1.019000-01
1.01900D0~01
1.01900D0~01
1.019000~01
1.01900D~01
1.019000~01
1.019000~-01

~5.758230-05 ~3.908 72D~04
=3.99253D-05 -1.82699D0-04

COLUMNS 11 THRU 18

4,416 350-04
-3.19558D-04
1.23605D-03
2.609660-03
=2 «666 T2D-05
-3 .215960-04
=2.273390-02

=1¢546990~03 -7.597420-06
2,60074D~03 7T.02847D-08 ~2.90316D-03 B8.44668D~08

CLIMB (Cont.)

5032961003 1.47%170~02 -3.799650-02 6.11628D-02
=24 24304D-01 -2.71938D--01 -1.718390-01 ~9.836670-01
~1.157720-02 2.716290~03 —6.214090-02 ~3.55983D-02

0.0 0.0  D.0 0.0

0.0 0.0 0.0 0.0

Te97247D4+01 6 .,09729D+01 -1.65646D401 1.58277D+02

0.0 0.0 0.0 0.0
~3.94191D4+01 -8.03691D+00 —-3.94722D+01 ~6.622050+01

0.0 0.0 0.0 0.0

G' = 2.29804D401 -2.674660+01 6.72718D0+01 6.87514D0+01

0.0 0.0 0.0 0.0
~T7.20268D+00 -1.40752D+01 7.56532D+01 5.23156D+01

0.0 0.0 0.0 0.0
~4. 647220401 2.451980+01 1.354890+00 -3.60529D+01

0.0 0.0 0.0 0.0

3.61768D0+400 8.50597D400 1.886980+01 -1.759310+401

0.0 0.0 0.0 0.0

1.57465D0400 1,28307D+01 —6.04132D+00 ~9.,77376D+01
b —

~1.086250+00 0.0 0.0 8.21314D-04 0.0
=3.75094D0-02 0.0 0.0 3.026430-0¢ 0.0
1.21159D400 0.0 0.0 8 .58406D-04 0.0
8.98656D-02 0.0 0.0 ~6.58172D-03 0.0
~1.203440-02 0.0 0.0 -2.039020-03 0.0
B.06946D-02 0.0 0.0 ~2139900-03 0.0
1.23299D0+00 0.0 0.0 1.350170-03 0.0
-1.705700-03 0.0 ~2,205890-03 9.476720~06 -9. 98665004
=7.167510-04 0.0 5435165003 2.80444D0-06 1.090770-02
0.0 -5+305930~04 0.0 1.370550-03 0.0
0.0 7.032120-04 0.0 1.01686D0-04 0.0
0.0 -7.728100-04 0.0 ~T1.979790-04 0.0
0.0 9.,151640-03 0.0 =1.345080-03 0.0
0.0 ~1.78936D0-03 0.0 1.26560D-03 0.0
0.0 -1.567220-03 0.0 2.03698D~04 0.0
0.0 3.073300~03 0.0 6.664260-03 0,0
1. 735490 -02 -1,775600~07 2.,15604D0-01 ~1.467340-06 ~6.589010-02
6.879700-03 ~-3.859750-06 -3,42595D-03

1.749620~03
=2.297840-04
1.26764D-03
3.8436T7D0~03
3.241440D~04
6.712150~04
3.719350~03
=4 o4 0089D-06

=T +317440-04
1,02715D-04
4 .,07906D-05
-1.654860-03
2.772700-03
~1.216£690-03
-1.093390-03
=2 <6 40 76005

-9,46167D-06 _

0.0
0.0
0.0
0.0
0.0
0.0
0.0

4e3017T0-02 4486040006
-1.138040-06 —-1.926400-03 1.85827D0-06

]

~3.40550D-04

6.6 6018004
~T7227T77T0-04
~2.453750-03
~2+585200-04

3.597070-04
-1.22280D-02




0z-v

I

0.0
0.0

0.0
0.0
o.o
0.0
0.0

0.0
0.0
0.0
0.0
0.0

0.0

0.0
-0

V0"

o.o -

0.0

COLUMNS 1 THRU 10

0.0
0.0
0.0
0.0
0.0
0.0
0.0
0.0
6.95200D0-01

COLUMNS 11 THRU 18

0.0
0.0

0.0
0.0
0.0
0.0
0.0
0.0
0.0

-8.39860D+00
~8.398600+00
-8.398600+00
~8+398600+00
-8.398600+00
=8+398600+00
-8.398600+00

5729580401
~7.05628D+00

0.0
0.0
0.0
0.0
0.0
0.0
0.0
0.0
0.0

CLIMB (Concl.)

8.05418D-02 0.0 0.0 0.0 0.0
8.054180-02 0.0 0.0 0.0 0.0
8.054180-02 0.0 0.0 0.0 - 0.0
8.054180-02 0.0 0.0 0.0 0.0
8.054180-02 0.0 0.0 0.0 0.0
8.05418D0-02 0.0 0.0 0.0 0.0
8.054180-02 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0
o.o o.o o.o o.o __o.o
0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0
0.0 0.0 . .00 0.0 _ 0.0
0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 6.952000~01

0.0
0.0
0.0
0.0
0.0
o.o
0.0
o.o
0.0

0.0
0.0
0.0
0.0
0.0
0.0
0.0
0.0

0.0




1Z-v

—

=14 64346D-02
=1.55586D-01
=2.26752D0-05
0.0
0.0
3.24890D0+01
0.0
-64.183690+00
0.0
=6.03307D0+00
0.0
=3.97993D+00
0.0
=4, 627100400
0.0
4. 068300400
0.0
1, 246370400

3.928540-03
1. 46022D+00
2.06328D-01
0.0
0.0
-1.391080+02
0.0
1.627520+02
0.0
=2.64197D+02

0.0
=-2.50246D+03
Ono
4,94270D0+01
0.0
3.66116D+01
0.0
1.11605D+02

COLUMNS 1 THRU 10

~8.708 33D-04

~1.62920D+00

~4 4608 47D~-02
0.0
0.0
2.686190+402
o .0

=1.18549D+02
0.0
1.298750+02
0.0
1.01133D+02
0.0

=6 +65210D+01
0.0

-2 .853140+01
0.0

~1.,67602D4+02

COLUMNS 11 THRU 18

2 .00622D~04
5 «36520D0-03
5.168 56003
0.0

0.0
4774270400
0.0
24441 360400
0 .0
=7 .880 73D+00
1.000000+00
-1.74326D+01
0 -0
~8.50892D0~01
0.0
6.+366650-01
o .0

=2.54239D0+00

1.468490+00
1.47953D+02
=2.177330+00
1.00000D+00
0.0
-9.48792D+02
0.0
-1.059030+03
0.0
1.788380+03
0.0
2.565220+403
0.0
~1.155700+02
0.0
2.82788D+02
0.0
4.075330+02

5.935810-03

~5.498720-01
2485423002
0.0

0.0
2.5622T0+02
0.0
-1.023250+02
0.0
1.312810+02
0.0
1.15173D+02
0.0
-3.849890+03
0.0
—6.T764310+01
0.0
-1.320720+02

x = Fx + Gu
= Cx + Dx
~9.,805670+00 —-1.834910-04
9.661050-02 2.896030-01
-3,.,087340-04 -6.70590D0-03
0.0 0.0
0.0 0.0
—6+28318D0-01 ~4,96761D+02
0.0 0.0
~9,50273D-02 1.560250+01
0.0 . 0.0
1.73784D~-01 -1.24254D+00
0.0 0.0
3.54854D-01 3,109120+01
0.0 0,0
6.622150~02 1.71777D0+401
0.0 0.0
9.781610-02 7.758520+400
a.0 0.0
3.96790D~01 5.237260+01
2479790005 4,826100~03
~1.50148D-03 5.48679D+00
3,102100-04 7.708580-01
0.0 0.0
0.0 0.0
4,216620400 ~T.,29448D+02
0.0 0.0
~2.81528D+00 6.350490+02
0.0 0.0
2.69100D+00 -T7.31100D+02
0.0 0.0
3.72388D-01 -5.53973D+02
1.000000+00 0.0
~9.,2159304+00 2.41664D+02
0.C 0.0
5¢295410-02 -1.03300D +04
0.0 0.0
4.60755D~-03 5.25864D+02

CRUISE

+ Fu

6449670 0-05
2.105020-02
3.554320~03
0.0
0.0

=3 4238920+ 00
0.0
3.515130+00
1 <0 0000 D+ 00
—8.118690+00
0.0

~5 41 92760+ 00
0.0
2.698530+00
0.0
1.0 36940+ 00
0 .o

443 6122D+00

~4+120510-04 1.738990-03 1.24766D-04 2.052390-02
2.42226D-02 —1.214520+00 -1.134880-02 -1, 100660~01
7.27566D-06 ~1.32387D-01 ~4.027340-03 3,577900-01
0.0 0.0 0.0 0.0
1.00000D+00 0,0 0.0 0.0

~1.,0664950+01 1.861430+02 2.10963D+00 3.719360402
0.0 0.0 1.00000D+00 0.0
3.483310+00 —1. 104380403 -5.267100+00 1.170940+402
0.0 0.0 0.0 0.0
~1.938820+00 1.48707D+02 4,80550D+00 ~1.98514D+03
0.0 0.0 0.0 0.0
2.38359D0+00 1.23674D+02 4.44802D+00 ~5.23156D+02
0.0 - 0.0 0.0 0.0
4.,284050400 ~5,71336D+01 ~2.438320+400 ~2.19975D401
0.0 0.0 0.0 0.0
8.807080~01 -2.016690401 -2.28706D-01 ~2.184400+01
0.0 0.0 0.0 0.0
4.51321D+00 —-1.39250D0402 ~2.766290-02 ~1.47514D+02

~2.11505D0-04 8.93118D-03 ~3.931760-04

-3.827730-02 1.562320+01 —9.4T75450~02

-2.797530-03 3.67228D0-01 -5.13918D-03
0.0 0.0 0.0
0.0 0.0 0.0
4.199450+00 -3,T3054D+03 1.068900+01
0.0 0.0 0.0

~1.548350400 1.15327D+03 —3.80573D+00
0.0 0.0 0.0
3,188870400 -6.05814D+02 7.358110+00
0.0 0.0 0.0 _
3.265270+00 8. 425T60+02  Z.3¥5TIDF00
0.0 0.0 0.0

~9.90824D~01 9.03369D+02 -2,012710400 ~ ~ ~
1.00000D400 0.0 0.0

~7.21217D+00 2. TT196D+02 -2.85T63D+00°
0.0 0.0 1.00000D+00

-6 .85155D+00 —1.UB4&ZB040% =2, TO0T3A0FOY  ~— " " T

-




ez-y

COLUMNS 1 THRU 10
0.0 1.019000-01
0.0 1.019000-01
0.0 1.01900D0-01
0.0 1.019000-01
0.0 1.01900D0-01
0.0 1.019000-01
0.0 1.019000-01

~3.5494TD-05 ~5.165210-04
=1,17244D-05 -1.497100-04

0.0 ~2.103000+02
0.0 ~1.57300D+03
0.0 ~9.11000D+01

COLUMNS 11 THRU 18

0.0 4.609960-06
0.0 ~3.175200-04
0.0 1.25390-03
0.0 2.610680-03
0.0 ~2.967330-05
0.0 ~3,22615D~04
6.0 ~2.26422D-02
~1.489690-03 ~1.23530D-05
| 1.49174D-03 1.87108D-08
0.0 -1.72600D+00
0.0 ~3.335000+00
0.0 2.50900D0+01

-1.086250+00
=~3.75094D~-02
1.211590+00
8.98656D-02
~14203440-02
8.06946D-02
1.232990+00
-2.627580-03
~6+64994D-04
-3.30400D+02
~2.975000+03
-~1.056000+02

[~ X~ N=N-N-]
0000000

0.

Q.

1.726320~-02
~1.61526D-03

0.0

0.0

0.0

_

F;1.1559zo-oz

~6.T8184D=01
~3,714500-02
0.0
0.0
2.38721D402
0.0
~1.188110+02
0.0
7.165290401
0.0
~1.702690401
0.0
~1.383370+02
0.0
1.166950+01
0.0
44905420400

EEEEEREERETERER
0000000 O0OODO

000D OOOD0000

~5.367070-04
7.021930-04
=7.77803D-04
9414349003
-1.786310—-03
-1.563150-03
3.04783D~03
8.284970-07
1+.86496D~07
~1.751000+01
-6.683000+01
=8.796000—01

VRULSE (Cont. )

1.600 520-03
-7.39938p-01
1.73937D-03
0‘0
0.0
1.88005D+02
0.0
=2.17669D+01
0.0
~8.701620+01
o.o
—5.39633D+01
0.0
6.97680D+01
0.0
24723830401
0.0
3.82684D+01

-2.186980-03
2.945630-03
0.0
0.0
0.0

NOOO?OOO
[-N-N-N-NeX--]

«164060-01
3.94637-03
0.0

0.0

=1.512200-02
-7.980380-01
~1.96116D-01
0.0
0.0
~4.579500+01
0.0
-1.17076D+02
0.0
1.991670+02
0.0
2.230670+02
0.0
3.353930+00
0.0
5.560830+01
0.0
~1.97028D+01

8 .21925D-04
3.028470-04
8 .58711D0~04
-6.58172D0~03
-2 +039020-03
=2 .139900-~03
1.350170-03
1.247330~05
2 .123470-06
=3.191000+01
~2 .35200D+02
5 +46200D0+00

1.422520~-03
1.08422D-04
=7 «601 74D-04
=1.33285D0-03
1 .25643D0-03
1.97584D~-04
6+62452D~03
~4 .53496D-06
~4 «35936D0-06
=3 .87500D+00
=2 «220000+00
8 .85400D+00

8.124220-03
-1.65215D+00
~T7.09147D-02

0.0

0.0

2,69076D+02

0.0
-1.186590+02

0.0

1.300160+02

0.0

1.01271D+02

0.0
-6.661180+01

0.0
=2.86122D+01

0.0
~1.67923D+02

-

0.0
0.0
0.0
0-0
0.0
0.0
o.o
-1.183160-03
5.95014D-03
0.0
0.0
0.0

0.0

0.0

0.0

0.0

0.0

o.o

0.0
~6.417130-02
-1.530750-03

0.0

0.0

0.0

1.733320-03 0.0
-2.317210-04 0.0
1.25541D0-03 0.0
3.842650-03 0.0
3.,27099D-04 0.0
6+726420=0% 0.0
3.707120-03 0.0
~5.39153D-06 4.279990-02
~7.6460620~07 ~1.086780-03
-2.94900D401 0.0
-2.57300D+01 0.0
~4,92100D401 0.0
~6.173100-04
1.19631D-04
1.26356D~04
~1.632440-03 -
2.73907D~03
-1.23605D~03
~1.01278D~03
-5.219070-05
~1.07454D~0%
~8..243000+00
1.658000+01

8.719000+00

-3 449619 D~0%
6+635730~04

~7 2 T9T4D~0%

~2452730-03
=2 o5 4844 D~ 04

3661949004
=1.219740~02 |

9.35067D0~06
1.99651 D~06
=1.+09300D+01
=2 o/ 6400 D+ 01
=5.82100D+01




YA

0.0
0.0
0.0
0.0
0.0
0.0
0.0
o.o
0.0
0.0
0.0
0.0

0.0
0.0
o.o
C.0
0.0
0.0
0.0
0.0
0.0

COLUMNS

1 THRU 10

0.0
0.0

o .o

o.o
0.0
0.0
0.0
0.0
3.824000-01
6.045000+403
6.,07300D+04
1.27300D+03

COLUMNS 11 THRU 18

0.0
o.o
0.0
0.0
0.0
0.0
0.0
0.0
o.o

=1.52646D+01
=1.526460+01
~1.526460+01
~1.52646D+01
~1.52646D+01
=1.52646D+01
-1.52646D+01

5.729580+01
-3.88136D+00
—9.403000+03

5.611000+03
~4e946000+03

0.0
o.o
0.0
0.0
0.0
olo
0.0
0.0
0.0

~9.,854750-03
-9.854750-03
-9.85475D-03
~9.85475D~-03
-9.854750-03
~9.85475D-03
~5.85475D-03

0.0

0.0

0.0

o.o

0.0

0.0
0.0
0.0
0.0
o.o
0.0
0.0
0.0
0.0

CRUISE (Concl.)

OO0.00000
000000000

[=4
D)

~8.864000+02 ~1 .468000+02
-8.803000+03 -2 .036000+03

3.393000401

o.o
0.0
o.o
0.0
0.0
0.0
0.0
o.o
0.0

=8442900D+02 1.10500D0+402 2.99000D+03 6.43200D0+00 -4.38300D+03
=2.04900D404 1.01900D0403 3.947000+04 6.51800D+402 ~9.96400D0+04
~7.108000402 3.144000+01 -3.933000+02 —4.240000+01

3.83100D0 +02

0.0 0.0
0.0 0.0
000 o.o
0.0 0.0
0.0 0.0
0.0 0.0
0.0 0.0
0.0 0.0
0.0 0.0

2 +90600D+01

o .o 0. o
0.0 0.0
0.0 0.0
0.0 0.0
0.0 0.0
0.0 0.0
0.0 0.0
0.0 0.0
0.0 0.0

1209000402 =3.339000+04
1.10300D+403 -4,331000405
1.144000402 3. 704000403

—
0.0 0.0 0.0 3.824000~01
2.72446D+03 5,393070403 0.0 -6.04500D+03
4.597200404 4.09803D+04 0.0 -6.07300D+04%
~2.509780+03 -5.501280+03 0.0 -1.273000+03

0.0
0.0
0.0
0.0
o.o
0.0
0.0
0.0
o..o :

0.0
0.0
0.0
o .o
0.0
0.0
0.0
0.0
0.0
344 6500D+02
34066000+03
4+450000+02

0.0
0.0
o.o
0.0
0.0
0.0
0.0
0.0

‘0,0
2. 348000403 -2.505000+01 8.38600D+03 ~3.00600D+01
3.180000+04 3.560000402 7.22000D+04 -7.868000v02"

3. 853000402 -5.22400D0+401 5.87900D+02 -8.85200D+01

0.0
0.0
0.0
0.0
0.0
0.0

" 0.0

0.0
0.0




COEFFICIENT MATRICES FOR ACT TIFS
EQUATIONS OF MOTION AND SENSOR AND LOAD EQUATIONS

(Five independent structural modes)

| A-24



S¢-v

—

9.93275D-03
—=3.333600-01
-4.,650270-03
0.0
0.0
64589450401
0.0
—=1492843D0+01
000
1.05126D+01
0.0
4.07658D+00
0.0
-1.31564D401

~1.405850-02
6.220080-01
3. 80552002
0.0
0.0

=9.374000+01
0.0
3.774050+01
0.0

-2.36123D0+401
0.0

=2, 173790403
0.0
1.28705D+01

COLUMNS

1 THRU 10

1.575180~01
-9.48326D-01
=2 .T6522D-02
0.0
0.C
1.652500+02
0.0
=6.721 460401
0.0
6.62295D+01
0.0
4.41861D+01
0.0
-3.62138D+01

_ COLUMNS 11 THRU 14

~1.93984D0-05

2 +432410-03

2.43507D-03

0.0

0.0

2 41773D+00

0.0

1.14424D+00

0.0
-3.95329D+00

1.000000+00

=-1.01002D+01

0.0

% +67407D-01

~8e33021D+00
6.77015D+01
~1.30033D+00
1.00000D+00
0.0
~4.469T70D+02
0.0
~5.12508D+02
0.0
8.35662D+02
0.0
1.193480+03
0.0
~6.41572D+01

1.407020-02
-2.712570-01
2.41196D~02
0.0
0.0
1.25416D0+02
0.0
-5.,003200+01
0.0
1.046400+02
o.o
1.642100+02
0.0
=3.761990+03

/

-9.732730+00
-1.20088D+00
5.60551D-03
0.0
0.0
8.79598D+00
0.0
1.08663D+00
0.0
-2.01600D+00
0.0
—4.433250400
0.0
-8.+179480-01

3.048490-04
=9.4T7379D-04
2.98622D-04
0.0
0.0
2.46718D+400
0.0
-1.53937D+00
0.0
1.44632D+00
0.0
1.596200~01
1.000000+00
—6.52659D+00

7.281800-03
=1.745700-01
-9.25392D-03

o.o

0.0

60 19076D+01

o.o
-3.06521D+01

o.o

1.804120+01

0.0
-5.1713704+00

0.0

-3.585570+01
e

LANDING
F'y +
Azx +

-1.669490-03
3.098110-01
1.4863~02
0.0
0.0

=4.70632D0+02
0.0
1.77444D+01
0.0

-1.402820+01
0.0
4.04251D +00
0.0
8.268770+00

=5.49812D-03
=~1.141290-01
=3 449 84D-03
0.0
0.0
4 .48580D+01
0.0
~5.,77638D+00
0.0
-2 .064830+01
0.0
—9.96016D+00
0.0
1.92757D0+01

G'u
Buw

-1.91982D-03
1.64165D-02
1.391170-04
0.0
1 .00000D+ 00

-6 .84075D0+00
0.0
2.08577D+00
0.0

-1.13687D+00
O .o
1.36891D+00
0.0
2 «39580D+00

2.53231D0-02
-1.085010-01
—4.645680-02
0.0
0.0
~1.257650+401
0.0
~3.051680+01
O.o
5.18845D+401
o.o
5.814850401
0.0
1.02734D+00

1.57614D-02
-6+ 5966 T0-01
—6+91304D-02

0.0

0.0

9. 175490401

0.0
-1.038980+03

0.0

6. 219870401

0.0

40 666830401

0.0
-1.97382D+401

8.19753D~02
-1.0066T7D+00
=3.674380~-02
0.0

0.0
1.65808D+02
o.o
-6.72054D+01
0.0
6.61807D+01
0.0

4 .402310+01
0.0

=3.62789D+01
—

9.209560-04
=T7.534060-03
-2 103750-03

0.0

0.0

1.52595D+00

1.00000D+00
~3.588970+00

o.o

2 ,49482D+00

0.0

2.14664D+00

0.0
=1.376700+00

3.30895D-02
1.67889D~01
1.837090-01
o-o
0. 0
1. 373110402
o.o
6. 66971D+01
0.0
-1.810250+03
0.0
-2+111250402
0.0
~6¢ 266090400

=1 4 %570~0%
1.238920-02

2.223560~03

0.0

0.0
-1.71880D+00
0.0
2+027530+00
1.000000+00
=54 27790+ 00
0.0

—2.885890+00 |

0.0
1 4 54670+ 00




9Z-v

COLUMNS

~3.36266D-03
~1,297740-02
8,68896D-05
-6.77892D-01
~1.53794D-01
=1.652070-01
~2,84285D-01
8.881810-04
3.48911D-04

1 THRU 10

=3.246 14D-02
=2 .567800-02
=3 .89639D0-02
-1.82415D0+00
-4 .08550D-01
~4 4312 860-01
~2.08413D+00

2.30769D~03

8.430140-01

COLUMNS 11 THRU 14

=9, 43269001
T« 13556001
~2.59845D+00
~he 668100+00
3,065950-01
9, 62577031
4.98933D+01
1.410880-02

=T.35924D0-04
L

-1.25885D-03

8.933150-04
-2 .522900-03
-3.198 14D-02
~2.213880-03
-1.40296D-03

2.87391D-01
-1.48411D-03

3.131010-03

3.R876640-01
1.25603D0-01
=1.725980+00
1.29545D0+00
5.925320~01
489357001
~4,17091D+01
5.72646D+01
-8.55846D+00

1.991650+00
=2.60776D+00
3.077820+00
~3.53078D+01
6.40411D+00
5.55305D+00
~1.66024D+01
20344140-03
5094949004

LANDING (Cont.)

1.70R900~03 -3,37891D-01 -T.27082D-04 —1.72578D+00 =-2.6859G0~03
1.204250-03 —1,203200-01 —3.91930D=04 2.14306D-01 6.044390-04
1.18391D-02 -3.231210-01 —7.23709D-04 =1¢36242D+00 —b.64066D~03
~6,782530-02 3.31985D+00 §.302880-02 =4.883550400 —3.79243D-02
~1.60449D-02 9.8548T0—01 1.22641D-02 =5.71940D-01 -3.254020-03
~1.615600-02 1.0324A0+00 1.311880-02 -9.281250~01 —4.24711D-03
1.45289D-01 ~4,14012D~01 ~9.48774D-03 -5,77676D+00 —9,.,82205D-N2
1.24615D-03 ~4.88684D-03 =2.30582D=03 5.89003D—03 -9 .445440-04
8.48871D-04 =1.74152D-03 6.449730-03 2.09822D-03 1.323810-02
1.948080-03
~2.685230-03
4.62226D-03
-8.51050D~02
5.67697D~03
4.312190-03
—4.35200D-02
1.740500-02
~3,498780-02
5.035050~05 1.12642D=02 ~1.693910-02 =2+802710~02 |
~3.21095D~03 6.386120-03 1.058100-02 -3.10913D-02
—6.47459D0-03 3.099920-03 ~B8.335930-02 =5.549970-02
~9.29984D~01 -1.28299D0-01 ~1.598350-02 —1.83532D+00
~9.417620-02 -1.33825D~01 -1.154600-02 =~4.15336D-01
~1.072400-01 -1.46207D~01 =1.00247D-02 —4.389640-01
~2. T00TD-01 5.614680-01 =2.15266D+400 =2.09634D+00
9.54183D-04 4.84798D-04 -5.632410-05 2.35702D-03
3.343750-04 1.47574D-04 1.690950-04 8.430400-01
I —

5. 72064001
—-1. 106650400
1. 493780+00
3.22142D+00
242241001
=7.902020-01
2.75953D+01
~5.82105D-03
-3,50590D0-03

787639004
=144 77100~-02
4.288750-03
3.96503D-02
4.2 74500~03
3.1 7736003
1.45711D0-01
4.300810-02
-2 «349980~03




LTV

[T

—

4,83946D-03
~2.96828D0-01
-3.262160~03
0.0
0.0
549991D+401
0.0
~1e55224D401
0.0
6+ 76404D+00
0.0
2.35813D+400
0.0
-1.08796D+01

~1.239910-02
6.84508D~01
5.297480-02
0.0

0.0
~9.424410401
0.0
he92448D+01
0.0
-4, 884080401
0.0
-2.212250+03
0.0
1.636560401

COLUMNS

1 THRU 10

1.18720-01
~1.00113D+00
~2 894 95D~02

0.0

0.0

1.76688D+02

0.0
=7 .20721D+01

0.0

T<147790+01

0.0

4.73956D+01

0.0
=3.94023D+01

COLUMNS 11 THRU 14

3.47450D~05
2.538620-03
24610340-03
0.0
0.0
2.6T508D+400
0.0
1.22756D+00
0.0
~%.28042D+00
1.000000+00
-1.07668D+01
0.0
-5.12963D0-01

—6.643860+00
8.26434D401
=1.204410+400
1.00000D+00
0.0
=5.057390+02
0.0
=5.5059M+02
0.0
9,07068D+02
0.0
1.302860+03
0.0
=6.537590+01

1.34128D~02
-2.90951D0-01
2029226002
0.0
0.0
1.338750+02
0.0
—-5.27647D+01
0.0
9,851990+01
0'0
1e42142D+402
0.0
~3.,7T494D+03

=9.773390+00
-7.991810-01
2.903020-03
0.0
0.0
5.327280+00
0.0
6432244001
0.6
-1.211220+00
0.0
~2+69096D+00
0.0
-5.17440D0~01

2+340P8RD~04
~6+90279D~04
3434447004
0.0
0.0
2.59760D+00
0.0
~1.62883D+00
0.0
1.51804D+00
0.0
1.211320-01
1.000000+00
~6.7T946D+00

-2.215630-01
-1.138810-02
0.0
0.0
Te92693D0+01
0.0
=3.92217D+01
0.0
2.28388D+01
0.0
=T7.176720+00
0.0
—4.63835D+401

CLIMB

x = F'z
y = Ax

=1.643980-03
2.875770-01
1.102030~02
0.0
0.0

~4.70876D+02
0.0
1.63262D0+01
0.0

~1.140690401
0.0
T.272200+00
0.0
8.926570+00

(5.303150-03 1 .460260~02

~2 «56935D0~01
3.418750~03
0.0
0.0
5.819300+01
0.0

-7.07899D+00
0.0

-2 .72788D+01
0.0

=1.35064D+01
0.0
2.50320D0+01

'
+ Gw
+ Buw
-1.503590~-03 1.44961D-02
1.72850D0-02 -6.91405D-01

1.07093D0-04 -6.961190~-02

0.0 0.0
1.00000D+00 0.0
=T7.236640+00 9.886991D+01
0.0 0.0
2.215230+400 ~1.042800+403
0.0 0.0
~1.193200+00 6.62993D0401
0.0 0.0
1.52054D400 4+91979D+01
0.0 0.0

2.58293D+00 -2.30828D+01

—
-3.801450-02 6.205020-02
-1.708990-01 —-1.081440+00
-64155750-02 -3.90630D0-02
0.0 0.0
0.0 0.0
~1.62711D+01 1.77357D+02
0.0 0.0 -
-3.92135D0+01 -7.205300+01
0.0 0.0
6.68445D0+01 7.140650+01
0.0 0.0
7.49956D+01 4.71784D+01
0.0 0.C
1.34327D+00

-3.948 1000()!.—.J

6.99335D0-04
-7.813270-03
=2.2Y2720--03

0.0

0.0

1563140400

1.000000+00
-3.71373D+00

0.0

2 46 6559D400

000

2.+30653D+00

0.0
~1.47193D+00

3419649D~02
9. 64184D~02
1.831110-01
0.0
0.0
1.5868 70402
0.0
6.344740+01
0.0
-1.815080+03
0.0
~2.26887TD+02
0.0
-84 599250400

.0

-1.005460-04
1351250~
24299330-03
0.0
0.0

-1.914140+00

«0
2162720+00
1.00000D+00
5646120400
0.0
-3 .039860D+00
0.0
1.5561940+00




82-V

—4¢17948D0-03
-1.38118D-02
-2.30662D-04
=5.,622010-01
-1.29727D-01
~1.39896D0-01
-1.875000-01

T.277220-04

2.40098D-04

-9.480950-01
7.138500-01
~2.59634D+00
~khe 619530400
319579001
9. 76989001
5.11316D0401
1. 51001002
=T 271742004

e

COLUMNS

1 THRU 10

-3 .405520-02
-2 .61433D-02
=3 «94103D-~02
~1.956 85D+00
~4 «34536D-01
~44586010-01
~2.23382D+00

2 «419 78D~03

6,961 09D~01

COLUMNS 11 THRU 14

-1.25709D-03
9.17354D-04
~2 «544290~03
=3.468410-02
=2 51779003
~1.704330-03
3.071900-01
-1 +47T1400~03
2.595760-03

CLIMB (Cont.)

2.535220-01 9.31978D-04 =3.384790-01 ~7.153300~-04 —1.72671D+00
1.832130~01 1.526750~04 —1.210120-01 —% .06067D0-04 2.139090-01
~1.563260+00 5.946100~03 -3,30516D0-01 ~7.669960-04 ~1.36106D+00
1.702860400 ~4.20523D-02 3.32088D+400 8.844910-02 —4.98134D+00
Te377420~01 -1.02764D~02 9.813700-01 1.28799D-02 -5.86438D-01
6.47981D~01 —1.03953D~02 1.028350400 1.37763D-02 -9.434440-01
—~4.51046D4+01 8.66256D~02 -5.305580-01 -1.167730-02 -5.90139D+00
5.72581D0+01 9.325520-04 ~4.777590-03 -2.30888D-03 5,867190~03
~T7.0692TD+00 58.458710-04 -1.41943D~03 5.323770-03 1.764450-03
1.99527+00 1.98355D-03
~2,61225D0+00 -2.717510-03
3.067950+00 4.79159D-03
=3.55292D0+01 -8.88497D-02
6.40548D0+00 5.83634D-03
5.556200400 4.43673D-03
=~1.605450+01 ~4.43608D0-02
1l.643970-03 1.73940D-02
3.458920~04 -2.89188D-03
~6.158950-05 —4.443030-03 —-2.287610~02 ~3,069890-02
~4+260210-03 -3,320910-03 1.647950-02 -3.378210-02
~7.581120-03 2.617100-03 -1.123260-01 ~5.940400-02
=14195340+00 -1.753220-01 -2.259200-02 ~1.971380+00
=1.195010-01 ~1.845530-01 -1.789170-02 =4.437910-01
B = | =1436234D-01 ~1.998840-01 ~1.606320-02 ~4.68R52D-01
=34341390-01 7.478230-01 —-2.77932D+400 ~2.253930+00
1.203310~03 6 .419 72004 ~5,275620-05 2.47926D-03
3.533900~04 1.656370~-04 2.0545T-04 6.96135D-01
. —

-2.714530~03
6.16439D-04
—4.78106D~03
~3.95495D0-02
~3,27739D-03
~4 .2 8849D-03
-1.04782D-01
~9.650270-04
1.092430-02

5. T4T746D-01
=1.10601D+00
1. 486420400
3.00867D+00
1. 95293001
~8.388390-01
2801220401
=6.223960-03
-3.16689D-03

8.32016D-04
-1 46215003
%4+362160-03
4«2 8932D~02
44663300-03
3.57760D~-03
1.526820-01
44297620~02
=1.94891D-03




62-V

COLUMNS

~1.643150-02

-1.513080-01
3.32996D-04
0.0
0.9
3,169820+01
0.0

-5, T7646D+00
0.0

~60404970+00
0.0

~4.086970+00
0.0 '

—4e 4D9TTD+00

1 THRU 10

~1.02562D0-03

~1 .89056D+00

=5 «426990-02
0.0
0.0
3.,291810+02
0.0

=1 .38574D+02
0.0
1.41659D+02
0.0
8.974080+01
o.o
~8.13931D+01

COLUMNS 11 THRU 14

4.040590-03
1.644920+00
2.131250-01
0.0
0.0

~1.80990D+02
0.0
1.77306D+02
0.0

~2.733420+02
0.0
~2,495750+03
0.0 _
5.981780+01

1.98819D-04
2 .04802D-03
5.12616D-03
0.0
0.0
5.598 53D+ 00
0.0
2.20924D+00
0.0
~7.780820+00
1.00000D+00
=1.76586D+01
0.0
~1.04689D+00

CRUISE

. ’ ']
x= Fx + Gu
Yy = Ax + Bu
1.46898D+00 —-9.805670+00 -1.357130-04 ~4.07826D-04 1.612190-03 1.24626D0-04 2,038930-02
1.48718D402 9.,72476D-02 3.,705T4D-01 3,13287D-02 ~1.42953D+00 -1.15276D~-02 -3,38125D-01
~2.141110400 -2.870420-04 —4,236620-03 2.362820-04 ~1.38917D-01 -4,045820-03 3,50836D-01
1.000000+00 0.0 0.0 0.0 0. 0 0.0 0.0
0.0 0.0 0.0 1.000000+00 0.0 0.0 0.0
~1.114890+03 ~T.743670-01 -5.155830+02 —1.229020+401 2.36147D+02 2.139400+400 &, 249500402
0.0 0.0 0.0 0.0 0.0 1.00000D0+00 0.0
~9.96042D+02 —4.55916D-02 2.17824D+01 4 .030070+400 ~1, 12078D+03 -5,28541D+00 9.96881D+01
0.0 0.0 0.0 0.0 0.0 0.0 0.0 .
1. 743990403 1.63656D0~01 -4.83939D+00 -2.26442D+00 1.582360402 4,82396D+0N ~1.97501D+03
0.0 0.0 0.0 0.0 0.0 0.0 0.0
2.582320403 3.80319D-01 3.47086D+01 2.684770400 1140330402 4 .457280+00 —5.33345D+02
0.0 0.0 0.0 0.0 0.0 0.0 0.0
=T7+35004D+01 1.02268D~01 2.1792904+0]1 4 .68764D+00 —6.93920D+0]1 —2.44697D+00 —~3.499% TD+01
5.790810-03 2.80099D-05
-T7.831710-01 -1.46271D-03
1.8639TD-02 3.14423D-04
0.0 0.0
0.0 0.0
3.079370+02 4.21035D+00
0.0 0.0
-1.211300+02 -2.811230+00
0.0 0.0
1.43896D+02 2.686830+00
0.0 0.0
1.08442D0+02 3,70107D-01
0.0 1.00000D0+00
-3.86286D+03 ~9,21408D+00
=1.15492D~02 1.64642D-03 -1.511010-02 7.969130-~03
=5.63975D-01 —6.67714D-01 -7.930650~01 -1.914030+00
=3,60771D~02 5.19263D-03 -1.92570D0-01 -7.91176D-02
0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0
2.35992D402 1.72348D+02 —4.38806D+01 3.29756D+02
, 0.0 0,0 0.0 0.0
G ~1.1T499D+02 -1.58064D+01 —1.154800+02 ~1.38724D+02
0.0 0.0 0.0 0.0
T.050930401 ~9.12345D401 1.962050+02 1.41824D+02
0.0 0.0 0.0 0.0
=1.72323D+01 -5.23927D401 2.16796D+02 8.,98583D+01
0.0 0.0 0.0 0.0
=1.37602D+02 T.37373D+01 3.23767D+00 -8.151310+01

6+91449D-05
2.80295D-02
3.789830-03
0.0
0.0

4 «3408)1D+00
0.0
4 +0 55930+ 00
1.00000D+00

-4 447030+ 00
0.0

.4 +210970+Q0
0.0
3093670+ 00




0g-v

2.983130-03
-1.05415D0-02
7.918930-03
~2.814950-01
-7.231680-02
-8.12146D-02
1.63598D0-01
4,91329D-04
8.05567D-05
—6. 613820402
~6.701370+03
7.45964D4+02

| ~9.923910-01

7.167980~01
~2.48517D+00
-3.23890D400
6.288470-01
1.30411D+00
6.08689D+01

-1.485920-03
5,168620+403
2. 043660404

L_-fg.nubows

COLUMNS

COLUMNS 11 THRU

.. 2237003002

1 THRU 10

=6 .78004D-02
-5 .04585D-02
=T +694300~02
=3.75397TD+00
~8.018420-01
~8.451010-01
~4 +336690+00
6.12084D0-03
3.837910~01
3.001090+402
=1.26419D0+03
4.086370+03

14

=1.787060-03

9 .086 890-04
~1.671720-03
-6.42781D-02
-6.172030-03
-5.325481D-03

5.13822D-01

~1.301790-03

1.482200-03
5.926 570+00
4 .23+ 890401
=3 .74742D+01

1.92844D-01
1.48908D0-01
-2.885430+00
4.999750+00
1.473880+00
1.345750+00
=8.79136D+01
5.720030+01
=3.90033D+00
1.320900+03
—4.82182D0+02
-1.18501D+04

" 24016000400
~2.610600+00
3.090960 400
~3.796020+01
6.11288D+00
5.236580+00
-1.607390+01

1.654990-03

4.179590-04
6322120404
2031690D0+05
5.012250+03

~2.78703D-04"
~1.12024D~04
—7.22244D—04
6.52609D~03
1.39175D-03
1.42746D-03
~1.15655D-02
2.858900-04
9.93001D-0%5
3.961580~01
2.43285D+00
~9.58347D+00

2.273750-03
~3.039000-03
5.99318D-03

CRUISE (Cont.)

=3.3765D-01
=1.22199D-01
-3.526530-01
3.816250+00
1.05749D+00
1.10835D +00
=1.243270+00
=7.184468D~03
=1.168680-03
1.42918D+04

1.076800+05

-2.735650+03

-1.28507D0-01 ~

6.107170-03
4.231680-03
=T+373360-02

~1.60056D-03
8.647430+01
2.82758D+02
-1.99674D+01

3,09082D-03

' ~1.197310-02

~2.214TTD-02
=3.55174D400
-3.584800~01
~4o 08432001
-1.11834D400
4,T73440-03
8.271010-04
4.57079D+02
1. 823840403
2.12284D+402

1473437002

8.74805D-03
—4 504 350-03
9.747120-03
-5 .014470-01
-5.316420-01
~5 . 784420-01
2.63632D+00
2.42134D-03
3,048 790~04
1.60496D+02
-2 .478070+03
2.241 750402

=6 +6 TO64D=04
~5435827D-04
=6 .4 5586D-04
1.550150-01
2.16907D0-02
2.320890-02
-1.70521D-02
-2.42925D-03
2 .90808D0-03
44342550401
.2 #426270+02

~4,26228D+01

~7.733450~02
2.877550-03
~3,676810-01
~1.334880-01
~8.899510-02
~8,476100-02
~8,14294D+00
1.260000~04
6.36364D-04
2,48589D+03
9.47424D+03
~4,023990+02

1 .5439eo+oﬂ

'j
~1.708850400 ~2.501200~03 5.699310~01 B.19843D—0%
2.10833D-01 9.172690~04 ~1.107810400 =1 .56534D~03
~1.43641D400 ~6.89204D=03 1.67663D+00 S.965600-03
=60 T440TD+00 ~5.84984D~02 7.150210-01 8 «682 T5D~02
~9.118030-01 ~4.20574D-03 ~2.916800-03 1.07766D-02
~1.28714D+00 -5.501400-03 ~1.336520+00 9.940160-03
-8, 876510400 —1.90089D~01 3.74009D401 2.39685D-01
1.010510=02 —1.12338D~03 ~7.893130~03 4.267T5D~02
1.94911D0-03 5,972300-03 ~3.314560-03 -1.123180-03
2.T9422D+04 4.895560+401 1.54306D+04 3.01873D+01
1395560404  5.256060401 2.814850+04 2.21592D+01
5.06360D+04 5.417880+01 9.955980+04 4.9 8098 D+01
_ S e
~4+292740~02
=5 ,172040-02
=1.09014D-01
=3,76416D+00
-8.04988D-01
-8.506200-01
4 374540400
6.205920-03.
3.838120~01
~1.17895D+04
~1.22727D+05




COEFFICIENT MATRICES FOR ACT TIFS
EQUATIONS OF MOTION AND SENSOR AND LOAD EQUATIONS

(Two independent structural modes)

A-31



ey

LANDING

/ /’
x = Fz + G w
/
gy = Az + Bu
1.005350-02 1.58341D~01 -8.322500+400 -9.73274D+00 ~1.93058D~03 ~1.94104D—03 1.65568D~02 9.437040—041
~3.308070-01 ~9.30L730-01 6.809550+01 -1.202220400 3.09647D-01 1.660000~02 ~6e415020~01 —~6.69319D-03
=3.66704D-03 -2.06908D-02 ~1.19813D400 5.323690-03 1.361600-02 7.225080-05 =6.23661D-02 —1.833700-03
0.0 0.0 1.000000+00 0.0 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0 0.0 1.00000D0400 0.0 0.0
64612280401 1.67450D+02 -4.33850D0+402 B8.79964D400 ~4,71664D+02 ~6.91195D+00 9,40744D+01 1.587250+00
0.0 0.0 0.0 0.0 0.0 0.0 0.0 1.00000D+00
—1.86958D401 —6.37353D0401 —4.62404D402 9,.50744D~01 1.72272D+401 2.04146D+00 ~1.03579D+03 -3.44961D+00
[— —
7.517020-03 -5.748330-03 2.59284D~02 8.27983D-02
-1.728890-01 -1.19319D-01 -8.888270-02 -9.88067D-01
’ =7.89854D-03 -5.4T824D-03 ~4.032430-02 -2.97906D-02
G =1 0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0
6.238520401 4.427410+01 ~1.08944D+0) 1.68008D+02
0.0 0.0 0.0 0.0
—2.96941D+01 ~6.889110+00 ~2.773380+01 —6.372990+01
“8414799D-03 ~4.63581D-02 1.40271D-01 2.47504D-03 =3,404630~01 —% .89947D-04 —1.73365D+00 _--3,_g,_zs_gr_r_t;:c_r:T
~9.26789D-03 ~2.86986D-02 2.44316D-02 1.61143D-03 -1.15659D-01 ~B8.71703D-04 2.03238D0-01 6.59081D-04
-5.117270-03 -5.698880-02 —2.40601D+00 1.457530-02 -3,34926D-01 -1,56356D-03 —1.37424D+00 ~5.,91774D-03
~5.41187D-01 ~1.44396D+00 9.7508TD~01 ~5.44258D0-02 3.203850+400 5.50464D~02 ~4,67252D400 ~2.45580D0-02
~1. 74545001 456609001 7.53937D-01 -1.833260-02 9.987000-01 1.64454D-02 ~5.91866D-01 -5.01353D-03
~1.88048D-01 ~4.97554D-01 5.260210~01 ~1.83965D-02 1.05353D400 1.,78583D-02 ~9.668430-01 —6.54165D-03
~1.857600-02 -1.314990-01 —3.77829D+00 2.133950-02 -5.239160-01 5.03331D-05 -3.86886D+00 ~1.36353D~02
862489004 2.30405D-03 5.726910+01 1.22454D~03 -4.79797TD-03 -2.29044D-03 5.93181D-03 -9.415%90-04 |
| 3.26440D0-04 8.428710-01 -8.56043D+00 8.54034D-04 ~1.715390-03 6.451670-03 1.963420-03 1.32326D-02
~9.783460-03 1.80947D-02 ~2.27544D~02 —4.190460-02
8.376590-03 3,02770D-03 -4.474580-03 =3 .40890D-02
-1.131330-02 1.04647D-02 —1.02449D-01 -7.342730-02
B = |-5-431580-01 ~3.305830~01 -4.759360-02 -1.454340+00
-1.54343D-01 -1.04600D-01 4.660760-03 —4.63535D-01
~1.716810-01 -1.11966D-01 -7.61069D-03 -5.05378D~01
~5.366190-02 1.51894D-02 -1.766550-01 -1.478450-01
8.199450—04 5.17252D-04 1.181440-04 2,.35246D-03
2.984600-04 1.91729D~04 5.215450-05 8.428970-01 |




€e-v

4,907990-03

0.0
Ooo
54512810401
0.0

=5.143950~03
~44512790-01
~1.47366D-01
-1.584210-01
-1.51578D-02

7.086290-04

2. 27462004

L

-8.386830~03
~9.832560-03

1.19749D-01

~2.952920-01 -9.823800~01
~20649910-03 -2.12739D-02

0.0
0.0
1.79791D+02
0.0

-1.51190D0+01 —6.82585D+01

~6.6352TD+00 -9.77340D+00

CLIMB

8.306320+01 -7.999960-01

=1.087570+400
1.000000+00
0.0

~4.817510+02
0.0

-4.92511D0+02

5. 53839003
~2.204200-01
-9.74282D-03

0.0

0.0

8.00276D+01

0.0
=3.80655D+01

~4 .88084D-02
=2.92602D-02
=5.81241D-02
=1.54776D+00
-4 .886220-01
-5 +32423D-01
-1.375140-01
2.41780D-03
6.959 720-01

-1.046180-02
7.370980-02
~2.290000+00
1.24551D+00
9.012870-01
6.781020-01
=3.75768D+00
5.72632D+01
-7.07120D+00

I_:-1-275020-0}!
108713002
-1.382230-02
=6+ 96367001
-1.97860D0-01
-2.20048D-01
~6.80015D-02
1.02837D-03
3. 14783004

—

Z=Fz + Guw

y = Az + Bu
2.890710-01

2.720500-03

0.0 0.0

0.0 C.0

-1.862700-03 ~1.52474D~03
1.756850-02 ~6.737350-01 -6.96609D0-03
1.014450-02 &4 .767810-05 ~6.225070-02 -1.491472D-C3

0.0
1.000000+00

5.315560400 =4.719340+402 ~7.321320+00

0.0
5.41725D-01

1.42784D-02
=2 .63137D-01
6 +84072D~04
0.0
0.0
5.716 74D+01
0.0
-8 .55930D0+00

1.38061D-03
4404399004
T.56796D-03
=-3.36367D-02
~1.16735D-02
=-1.17694D~02
1.15684D-02
9.188200-04
5.487050-04

4442009003
=7.5T124D-03
1.223790-02
~4.35911D0-01
=1 +461620-01
~1.548 36001
1.933080-02
6.80292D-04
2.17078D0-04

0.0

1.60034D+401 2.17744D+00 —1.03931D4+03 -3.559920+0n

=3.723200-02
~1.468500-01
=5.334820-02
0.C
0.0 .
-=1.33475D+01
0.0
~3.545980+401

~3.411690-01
=1.174290-01
=3.430770-01
3.19802D +00
9.96804D-01
1.050910+00
~5.357070-01
~4.,673000-03
~1.401730-03

-3.00181D0-02
-8.85434D-03
~1.36008D-01
—6482041D-02
1.399820-03
=1.45077T0-02
-2.30651D0-01
1.80103D-04
6.94755D~-05

0.0

6.29273D0-02
~1.063250+00
-3.13999D0-02
0.0

0.6
1.80460D+02
0.0
=6 .82454D+01

=% +64958D~04
=9 +2T6460-04
=1.67646D-03
5 .83508D~02
1.742380-02
1.89225D-02
6.262490-05
~2.29171D-03
5.32546D0-03

—4.542540-0;T

~3.687020-02
~T+79907D-02
-1.561220+00
-4.98051D0-01
=5.428530-01
-1.57236D~01

2.4T7604D-03

695998001

1. 532990-02

0.0
0.0
1.062033D+02
0.0

=1. 73564D+00

2.033790-01
=1.37396D0400
~4, T4057D+00

-6,12838D-01
-9,896190-01

~3. 873210400
5.90948D-03
1. 63602003

T.28824D~04

0.0
o.o
1.65484D+00
1.00000D+00

=3 .49934D-03
6.80814D-04
~6+12186D-03
=2,545670~02
-5.21497D-03
~6.79501D-03
=1.407690-02
~9.6 1369004

1.09190D-02




Pe-v

-1.650700~02

0.0
o.o
3.01789D+01
0-0

-1.09228D-04
—4.787400-03
1.589110-03
~2.37685D0-01
-7.891710-02
~8.417630-02
1.356080-03
4.90773D-04
9.21398D-05
=7.87074D+02
=-7.07302D0+03

4.80755D+02
j -

3.065480-04

—1.510010-01 -1.86263D+00
=1.02015D0-03 =2 ,66527D-02 —1.68846D+00

0.0
0.0

3.4T4T1ID402 ~9.528260+02

0.0

-9.29883D-02
=5 ¢ 446 46D-02
-8.141690-02
=2 .96185D+00
-9 .39070D-01
~1.020000+00
-2.191920-01
6.04348D-03
3.835280-01
9.50204D+01
-3.89665D+03
9 +49759D0+03

L:?.135720000 -1 ..256160+02 -7.641160+02

* ’
X = Fz + G
g = Ax + B
—
1.48795D+00 -9.80567D+00 ~1,243280-04 ~4.20431D~04 3.148630-03 1.7136820-04
1.49903D+02 9.744020-02 3.92071D0-01 3.30725D0~02 -1.393000+00 -9.668860-03
=2369380-04 ~2.359800-03 1.190050-04 ~-1.06854D-01 -3.,00555D-03
1.00000D0+00 0.0 0.0 0.0 0.0
0.0 0.0 0.0 1.00000D+00 0.0
~T.6T79200~01 ~5.182280+02 ~1.269000401 2.57094D+02
0.0 0.0 0.0 0.0 0.0
~1.83590D0-02 2.33242D401 4.00224D+00 ~1.10599D403 =47 59T77D+00
~— —
~1.110410-02 8.31781D~04 -1.299320-02 9.302810-03
~6.739080-01 ~6.861430-01 ~7.116600-01 -1.88605D+00
~2.778750-02 ~1.19551D-02 —1.4639TD~01 —5.14676D=02
0.0 0.0 0.0 0.0
0.0 0.0 0.0 0.0
2.42739D0402 1.61877D402 ~1.772200401 3.48064D+02
0.0 0.0 0.0 0.0
L:}.124380+02 -2.43935D+01 -9,450080+01 —-1.257490+02

=2.62983D-01
=3.763270~02
=3.81266D+00
3.193800+00
1.72374D+00
1.39926D+00
~64190470+00
5.721500+01
~3.904150+00
1.678960+04
3.58816D+04
1.39586D+04

[=3.386480-02
3.193810-02
-3.50513p-02
~2.10087D+00
~64000650-01
~6.659820-01
-1.920150-01
4.055470-03
7.18834D~04
~1.369250+03
-5.89514D+03
4.461450+03
L.

CRUISE

-3.31216D-04
~1.450170-04
-8.951380-04
5.036800-03
1.637050-03
1.686210~03
=1.322620-03
2.888630-04
9.89183D-05
3.76137D+400
1.34109D0+01
=1.207930+01

=3.430010-01
~1.223080-01
=-3.78634D-01
3.540200+00
1.10429D+00
1.16441D+400
~5.761900-01
-6.7860D—03
-1.17497-03
1.468000+04
1.09242D+05
-3.97640D+03

=2 «52254D-04
~1 +40490D-03
-2 .35833D-03
1.02282D-01
3.05529D~02
34322710-02
1.219900-03
=2 «38422D-03
2 .91067D-03
1.101740+02
5.24807D+02
~2 «40790D+02

3.38376D-02
-1.479310-02
2.+39794D-02
-1.23016D+00
=4 .07824D-01
—4+33692D-01

-9.18600D0-02
-5.04962D0-02
~3.837470-01
-3.321660-01
=6.55319D-02
-1.09973D-01

4 2347 46D-02 -6.272780-01

2.536450-03
4 «726030-04
6.57253D+02
5.55265D+02
=3.36275D+03

1.041170-03
2.369190-04
4.29631D+03
1. 365690 +04
4.631970+03

~6.816310-02
=5.570970-02
-1.135270-01
-2.970880+00
=9.42411D-01
-1.02575D+00
~2.51869D-01

6.128580-03

3.835490-01
=1.19953D+404
-1.25264D+0%

6.96607D+403

-1. 731600400
1.96203D-01
~1.43911D+00
=60 093610400
=1.02665D+00
=1e44466D+00
—4e 026630400
1.017000~02
1. 65064D-03
2.80955D+04
1. 24366D+04
5.63336D+04

0.0
0.0
2.654610+00
1.000000+00

—d

-3,78878D-03 |
1.034360~03
-8.322670-03
~3,70174D-02
~7.91880D-03
~1.01100D-02
-1.875190-02
-1.11150D-03
5.962780-03
4.976610+01
~5.5510AD+00
1.98273D+02

—
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ACT TIFS STABILITY DERIVATIVES

AND ELASTIC INCREMENTS

A-35



9¢-v

TIFS, CASE 1, LANDING

(A XX XIS RS SIS ST RS ESIE R EE RS Y

- -~ e e
¥ STATIC STABILITY DERIVATIVES *
* - - S e e g -

YT E Y TN YT R T Y Y Y PR Y S ey e

RIGID ELASTIC TOTAL UNITS
. e ENOREMENT - —— e e b
CL0) $ 326523 -, 037513 ¢ 313515
wvivgy e LUTZO0 ~e JUULIUU eul/t 135,
CM(0) « 0E9187 -, 006898 P EZ290
—_— ———— - - — . ————— . r——— e _———— —_— ——_ - . . J— ‘ - -
St 2 o 41 3 1. 9909e6 " = 006523 T (v 3IL337 {17RADY
co) e 2R3147 -. 001324 28717, (1/K2))
Mt - 9s : eSS '
CLCALPHA) « 106562 .« 800258 1082 (1/7315)
o s COAAEPHEY - - - 3PREET « 000032 JU262%% - (1/D2G)
CM(ALPHA) ~e 331751 “e (36527 cel1?/w (/0.5
R = 12 e O L - 12 «151795 - - - 15,226166 t172af
£N(N) 1. ¥L8552 -, 2186733 1.352931% (17367
. CHtnNYy - ~——— - T ERG 523980 - T «e579512 e IR, GUYTLY te/725M
AL(DE) . 014856 -.0300776 W01e357 (1/70.6)
pha N 3130 EEn ] 15 =23 SRRV 1175 £ - PO g P {(i/n-3)
CMIDE)Y | =e057258  .003.447 -e522771 (170.6)
AT{TAPUST) < J00001 -2 J40.30 PP T (7T wTo
. _GN(THOUST) e lC50LG -4 JCCIGC R 1 (1770 AT 30
T UTTEMTTHIISTY TTULIN00TL T 000003 B % IV Y (1749700



Le-Y

‘TIFS, CASE 1, LANDING

BRSPS IBERVLBEREBIIISLEBIRIIIIIINS

L

* DYNAMIC STABILITY DZRIVATIVES *

(XIS RIS SRS R RIS R R 22 Y )

RIGIN RIGID sLadTIC TOTAL UNITS
- —COMPUTED— VUTPUTY INCREMENT

cL{m 1.990966 1940000 « 008364 1.9489564 (1/RAD)
Tty < CEIINT 1890070 sO00ITTE «L70TII6  CI7RRADY
CHLIN -.058211 -+115000 ~a 021796 ~+13€790 (1/RAD)
SLOALOHA) «100592 (94771 «003787 035558 {(1/DEG)
COCALPHAY © ~ — 77T 920053 s 0T00T7Y <+ 000799 vIIUI6Y C1I70EGY
CMALPHA) -.0317¢1 ~.019897 -+ 00182 ~e02174% (1/7BEQ)
cLen 15.387361 «185000 «323030 +308030 (1/RAD)
Tt — - 185 22— 03995y — - 0

cCMIM) =39,5239A0 ~4ee10600] -1.252i93 ~55,4352793 (L/7RAD)
CY(RZTA) «000000 «000000 «0690C¢ 2000000 (170EG)
T RETH 00— 0000t 0000 00—y e 1/ 06
CN(RZITAY .30C000 «C000CO TR REI ¢J0LO00LV {1/70cG)
cY(9) «N0000) +000000 «003000 «00000u (1/RAD)
12 S 84 I S 1§ 11124 000000 + 000000~ 037000

CN(P) .000900 «G00000 «LUJU0S «Jul0G0 (1/RAD)
cY(») «000000 .000000 000000 0006300 (1/RAD)
TITRY — — 7 T T TTTUUG0T0Y - . . )

GNIRY  .00030" «000000 «050240 2 306GJ0 (1/3AD)
CL(A—DOT) =2,73%49397 «000000 «026578 026674 (1/7RaN)
COTA=-TI0OTY ~eu38273 400000 ALY "o Uu3dtl T1/7=AD}
fM(a-DpOT) - =14.,040751 -16.,100001 -.200362 ~1€.360362 (1/RAD)
CLIN=-D0TY “17.115%15 «u0C000 ~. 3563164 -+30310n (1/RAD)
LIL T 3] T e 3RTTE T T T T T 00000 TS U599 T e ed=5359 (17RAD)
CHMEN=N0T) . =21.0069772 «600000 16193454 1133494 (1/RAD)
cY(R=-DOTH «009293 605000 «uJdd00u 20J0U0J (1/RAD)
TATH=TIOTY " T JouguorT T T « 000007 «U0TJLu «JUdU00y TI7RATY
CN(R=NOT) 000000 000000 ~+030300 0300000 (1/RAD)
LY(P=NOT) 060080 «000000 «0u0d0s «J0B 00w (1/7%AD)
CITO=TIOTY R 2 00UUTT LY 2 JU0ddT TI7KEOT
ON(P-00OT) .00000% «000000 «0000480 o 00603 (1/7k4D)
CY{R=NCT) «006003 «L00CU0 «033300v eG0Cucy (1/RAD)
CIR-NOTY 500007 T WSTORIYT T T, ueQuueT T T TR0 T000 T UT/7RADTY
CN(R=00T) »0100800 .G00000 «63000¢ «J00C00u (1/KAD)




8¢~V

TIFS, CASE 1, LANDING

(A XX R EEESEEISSL SRR S S R R R Y 2

¥ ¥
* ACTIVE CONTROL DNERIVATIVZIS *+
- R g e

BREBENBUEL LIS REEREBR RS RL RV 4RSS

¥ SYMMETRICALLY DEFLECTED CONTROLS *

“NAME RIGID RIGID ELASTIC ToTAL UNITS
COMPUTED ouUTPUTY ITNCREMENT - e SRR R

CONTROL — I = AILS

CL(DS) «012626 0012626 «.000048 0012874 (1706}
cCOt0sSY . «0007%S <0007 SS— =+ 00300¢E B 141 i N SR & WA ¢ EX T
cM(NS) ~+005329 -+005329 -, 603043 ~euidn372 (L7026
TCIOS=00TY <1, 669640 =1,€E6956%0 = CI97% TTTUEIVRBYS9LT T (I7RADY
cCN(NS=-DOTY -e2210047 .=e221047 =-e602507 -e223E5« (1/7-744)
CHCOS=00T) 130501 1 30%01S s UGSIGS 1350161 TT7FADY
_cﬁ?'ot 2 - -—‘L‘ e e e e e ————— - 4 1. wa A e mair mem e - .

cLtDS) «02304 «010000 * -+03316¢C «0J98u( (L/C2G)
CoOMNSy 00t 200t 6 70 = 00002t 00 1&5 3 T (LrOI6Y
cM(DS) -.003323 ~+0(06550 ) « 030367 ~s000133 (L/De6)
CrtosS= 00Ty =2 TTtrey T Loy — Y Rl -GN i S - B -0 S O 4 118
cCDINS=-00T) «¢379529 -e373529 « 004012 -¢378517 SWAY V1))
O 0 [] . 5 il & 8174 §

CONTROL 3= ELVT —

cL(0S) e 0148596 « 009240 e 000144 . ¢080909%0 (1/0:6)
cCOToSY - — 001958 =5 001900 =5 000018 =S 0UIS1s tT70G)
CM(DSY -,057258 -2 045500 00030557 =e04+3s3 (1/06)
TLNS=00TY  =1.137668 =1, 137668 =. 033833 T 1715017 “{17¥ADY
c0(0S=00T) ~e150253 =¢150253 -, 004204 ~e154457 (L /RAD)
THTOS-DOT) 2.0708383 2073389 e 123741 : 2.202129 (1/RAD)

*Note: These numbers were obtained from quasistatic derivatives obtained from in-flight
parameter identification but were corrected only for the static effects of modes
higher than 7. As a result, they are not truly rigid derivatives. The additional
required corrections were made for the equations of motion in Table A-4.




6¢-V

TIFS, CASE 2, CLIMB, M = .246

4

e T

»

L ]

* STATIC STABILITY DERIVATIVES *+

»

L

BRYEBB BRI RBRRBRIBBERIRERR00S

1616 ++ASTIC FOFAL UNTFS
INCREMENT
CL(D) . 3296428 - 009244 .320487
Chey) « 065332 ~.0CCt31 «GC5292
644 e R 58925 +864+339
CL(J) 1.°54654 - 12745 1.5461709 (1/RAD)
CGY) 2157754 ~-s2"1298 e 156456 {1/7RAD)
cM (1)) ~e 032534 -, 535219 -«J67753 (1/RAD)
CL(ALDHA) «162331} «0£L345 + 102675 (1/0€E6G)
LHALPHA) e 714852 «30CJ27 «314883 (1/0EG)
CM(ALPHA) ~. 31854 -4 06(595 -s132558 {1/BEG)
cL 5¢5251€R8 -,198ub06 15, 32€792 (L /RAD)
CoeY) «93L771 -, 01€154 +918617 {1/FAD)
cH1() -39,7973213 « 750716 -33.,046592 (1/RAD)
i 2 5 e st 2 ———— e A ey 3 — s £ 399 A B EG——
Cr()=) P - 0L I8 «CC975 (1/DEG)
CM(I7) -.F577G1 «004L532 -+353168 (1/0EG)
CL(THRUST) R RS -.02C13)% «CGC0TD (1 /NEWTON)
T Tt T Nt THRUS T LRI 3 s, uCCTToT =+ CTOTTTS TI7NEWTONT
CH(THRUST) PRSI | e0u 020 e 0C00L- (1/NEWTON)



ov-v

TIFS, CASE 2, CLIMB, M = . 248

.
DYNAMIC STABILITY OERIVATIVES *
.
R P Y P Y YTy Y YTV Y YRy Y

b
« &4

RIGED — PRI EtASH e FOTAL—————UNTTS—
COMPUTED ouTPUT INCREMENT

Bt ——— - o = 4 555 — - 4 e668ER - - 0 J006%EF - 1.666830 (1/RAD)

co(W) _ 157754 «13207) «500522 102522 (1/7]A0)

M 33—y T 5 R 882t/ RA

-Gt HAEPHAY—-— - ogt R F - - - - 503899 R 1E0t064 ¢ 194943 (1/BE6G)
CO{ALPHA) «J14852 «LITELS «C0G087 W0LG7732 (1/0EG)
AL PHA——— - - -e031854 - - & —— = §19FIPF - - - - — =, 002453 -.021826 (1/0£6)
L) 5525168 ai s 3645 72456 R4D
cot¢Q) «934771 «219732 e 3513, «J5483) (1/RAD)
S ——————- =39 79T Il - =37 638699 - - —— —$.661632 -39,291032 (1/RAD)
BT —— - - - - - s 880000— R I & i 2 et BT s 006083 : o 003093 (1/D€E6} -
CL(3=TA) «0000060C 120000 ) «0£00000 . L0303 (1/DEG)
N v68685v 3863 +8-8-0863 — 35 0—H#BE6
SY4R) S B88008 - — - - $808008-—— - - -,000003 - - - +883038 (1/RAD)
c1(P) ¢ L eL L™ «00D0C2 «0C0000 (L/RAD)
GNP y—— - — - - Y088 - - - 622D - - - 800000 - - - - - o0 3890 (L /RADY
S¥ARS 338560 £36-009 . 380068 Ge8008 HARAD)
C1(R) PR o v »L287270 «C0GOCH «0CuO0) {(1/RAD)
TRy 0000t~ 010000 TrWEee00s T ¢ T «GCCO0T0 (17RANY
L R=D0TY — T EZ 982322 T T T T T S 9 T T T T T t3%839 T =2.9L6684L (1/RADY
CD¢A-DOT) -e 311418 ~e311418 « 002597 -, 308821 (1/RAD)}
CHTR=10TY =13, 297997 y =14.,290°97 = 348690 =14 6396886 T (I7RADY
CLtQ=00TY =1 7890862 =17.8908¢62 =e499799 T S184 390661 (1/RADY
co(Q-00T) -1,688645 -1,688645 -+ 061366 -1,730011 (1/RAD)
Cﬂ(QdDOTT“"“_“_"“iZfT?ﬁT?tﬁ—" B a1 4 “1.623837 - «19,316997 (1/7RAD)
CY =007y SI0To0T 200000 <000007 + 000000 (I7RROY
C1(8-00T) 000000 +08G607°0 «00000J «0GG000 (1/RADN
CNt8=00T Yy 000000 —— DT L) < 000007 i S o A1) 1] ' (1/RAD)
CYtP=00Ty ——— 3000000 — — — "y TI000 - 4000000 +000009 (1/7RADY
C1(P-DOT) «000000 «G030CO «000003 «000029 (L/RAD)
CNtP=-D0TY +00000¢ + 000000 + 000000 000070 (1/RADYT
—— +§38600 - #£6000)0 +0C0020 (1/7RAM)
C1 (R-D0OT) 000000 «000000 «0000C0 «0C0000 (1/7RAD)

SR DO —— 08080 00—————— - -~ 000000 «000000 « 000000 (1/7RADY




Iv-v

TIFS, CASE 2, CLIMB, M = . 246

PR R RN T B R I P WOl W O R P e Ty

- T e ee oy

» L g
- e e S G TIVE CONTROL DERIVATIVES ¥———— —
» . ) L 3
- Y S Y T T Ty Y Y P T T
 SYMMETRICALLYDEFLECTED—CONTROLS—
MAME - RIGEG — = - - REGIP——————--~-ELASFEE— TOTAL —UNITS— —
COMPUTED CUTPUT INCREMENT
CONTROL 1 - AILS _—

S —— et PP — G 8HIE——— 0P — LA BEG)
cn(ns) 020561 030561 -.000006 000555 (1/026)
GM(035) - 005359 - - -.£35359 . =e8B0058 - -=0G5k16 {£/0E6)
CL(IS=10T) -1.72553 -1,72553) -.0269C6 «147520435 {1/RAD)
GNIE=0T) -.1557 31 <+ 155731 ~ 502248 -  —— — -—=, 457988 -  (17RAD}
CM(I5-00T) 1.322656 1.322656 061802 1.384457 (1/RAD)

CONTROL 2 - OLF
SLLIS ) .£23831 18027 * - 000212 (017788 (17056}
50075 ) 301313 c015340 « -.C00019 .000321 (1/DEG)
CM (IS) -.503354 - G24100 * . 000488 -, 003612 (1/0E6)
IL(I9=N0T) -2.8705 85 -2.870E86 JCL3818 -2.826769 (1/RAD)
5R435-00F .~ 272414 222514 535t 2684734 ARAD}
5A(IS-10T) ~ 967414 - 93740 -, 20837 -1.175778 (1/RAD)

CONTROL 3 - ELVT
SLIE ) 015504 Se116E3 -.000193 010807 (1/0E6)
£D (%) L AN10ES 923953 -.000515 . 063884 (1/026)
B B e RS SO el s’ — T =g P 2S T —— 1 /B 6)
CL(3,-10T) -1.183522 -1.1493523 -. 046057 -1.,22958) (1/RAD)
40 (IS-NAT) - 106016 - 106416 -.003785 -.110201 (1/7RAN)
CM (7" -n0T) 2,15321¢ 2.153215 . 16789 2.321113 (1/7RAD)

*Note:

higher than 7.

These numbers were obtained from quasistatic derivatives obtained from in-flight
parameter identification but were corrected only for the static effects of modes
As a result, they are not truly rigid derivatives.
required corrections were made for the equations of motion in Table A-4.

The additional
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TIFS, CASE 3, CRUISE, M = .456

 ZEXRREL ISR SR RSE R RS RI R R Y]

»

'3

* STATIC STARILITY DERIVATIVES *

P

)]

I ZEXRI R RTINS YIS S RSIER IR X RT RS X XS

RIGIO ELASTIC TOTAL UNITS
. _INCREMENT
aLeo) . 353030 T =4030932 2322098
£N(0) . 005981 -4 000420 4005561
AM(D) . 078810 -, 025598 .053213
cL (WY .558372 =e074308 «484065 . (1/RAD)
cCD() . 013286 -.000091 «013195 (1/RAD)
GM(U) -, 002847 -,000736 -,003582 (1/RAD)
AL(ALFHA) . 110246 «001190 0111435 (1/DEG)
CN(ALPHA) . 003137 ~s000013 .003124  (1/DEG)
CM(ALFHA) -.032885 ~.002465 -+035350 (1/0EG)
cLn) 16.450197 -¢e609684 15,840513 (1/RAD)
€oeQ) .010879 « 005419 «016298 (1/RAD)
CM (1) -42,026620 2.2064323 -39,822297 (1/RAD)
CL(DE) . 015861 -.003091 ,012800 (1/DEG)
CNIDE) -.000055  _+00GD33. . . -.000022_ . (1/DEG) ____
CM(NE) -. 061318 «013651 -, 047668 (1/DEG)
CLITHRUST) -, 00000 -. 0000400 -.Q0gang (1/NEWTONY
CO(THRUST) -,000001 «000000 -.000001 {1/ NEWTON)
_ CM(THRUST) . .000080. . . 4000000 . . . . ..000000 . (1/NEWTON)

- o
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TIFS, CASE 3, CRUISE, M = .456

* DYNAMIC STAGILITY DERIVATIVES

L]

(X2 2RI R ARSI RS RS NSRS S XY ¥ Y

RIGIN RIGID CLASTIC ‘roraL CUNTITS
COMPUTEN oureyT INCREMENT -
fLeuy W5EAITS «£98500 -.022986 $575016 {1/RAD)
cotu 013286 + 063500 ,000132 2163632 (1/RAN)
CM)) - 0028427 -« 042600 «0537R7 « 017187 (1/7RAD)
CL(ALPHAY $11024% +108559 2033650 0112243 11/DE6)
CHTALPHAY «003137 . 003805 -. 000026 .203778 (17DEG)
CMOALPHA) -+ 032845 ~e 013649 <. 00875C -.022398 (1/BEG)
cL(m 16,450197 < T38E00 1.565133 T 2.333633 7 (17RADY
coen _ .010879 -. 006080 -e 014333 -e020613 . (17RAD)
MM 42,2662 ~40,400000 -6,035934 ~46,435934 (1/RAM
cY(RETAY .000000 .008000 .ccoooe «000G03 (1/DEG)
C1(A=TA) .000000 .000000 5000000 _  _ ,000000  (1/DES)
CN(aETAY .800000 ., 0000800 . 000700 .020000 (1/0EG)
cYesy = 7 «000000 .000000 +003C00 .000030 (1/RAD)
c1(o) .000000 «000009 .09330¢ «300050 (1/RAD)
CNEPY .000008 +000000 .000000 «230000 {1/7RAD)
cY(R) .000000 .000000 .000000 T.000000  (1/7RADY
LAMR) ... ____ . L.038020 . .. .0000080. .008308 .2029332 (1/RAD)
CN(R) +000009 .000000 .000000 .000000 {1/RAD)
CLtA=DOTY " -5,070958 000000 .137929 .137929 (1/RAD)
CN{A-NOT) =.N65024 « 0008000 . ~. 032513 __ ______=.032513 (1/RADL.
CM(A=DOT) “16.460062 -12.8000¢9 - -1.368064 c10.16806 {1/RAD)
‘cL(r-00TY  -23,981556  ,.000009 -2,085401 -2,0864k1 {1/RADY
c0(2-D0T) ~s 081740 .000000 +016480 .016880 {1/RAD)
CHIN=NOT) -19.811321 .0008060 6.847757 £e8u7757 (1/RAD)
CY{3-00T) ,000000 . 000000 . 000000 L000000  (1/RAD)
£248-D0T). ___ . _ . _.,000000 .__ . <000000_ . .. +000000 .000000 {1/RAD)
CN(R-DOT) , 008000 .,000000 .00000¢C «308005 (17RAD)
eve(r-paTY  ,000000 .000000 .000300 +000000 (1/RAD)
£4.(P=00T) .000000 ,000000 .000000 L000000  (1/RAD)
CN(P=DOT) .000000 ,000000 .050000 .600000 (17RAM)
CY(R=DOT) .000000  .000060 ,000000 .000000 {1/RAD)
Ci(R=00TY _ _  _ L00Q0p00 __ 2000000 ___ _ . 2000000 «0000040 (17 RAD)
CN{R=-DOT) .000000 .000000 .080000 .000000 (1/RAD)
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TIFS, CASE 3, CRUISE, M = ,456

LI TR IZ ISR L2 2 2 %]

L

* ACTIVE CONTROL DERIVATIVES *

¥

B YT Y YV T YT Y Y Y YT YV VY YHY Y YY Y F Y

L ]

NAME

TRIGTO

* SYMMETRICALLY DEFLECTED CONTROLS *

RIGID ELASTIC TOTAL UNITS
.. COMPUTED ___ __ __ _OUTPUY .. INCREMENT = _ S
CONTROL 1 = AILS

cL(NS) «013731 e 013731 ~+000218 «013513 {1 /DEG)
co(NS)H .000150 + 000150 4000000 .000150 {1/DEG)
CMINS) -.005798 -+005798 -+ 000234 -.006031 (170€EG)
CL(NS=NOT). ~2.157571 -2,157571 -e106154 -2.263724  (1/RAD)
D(NS=poT) «.001071¢ « 001071 « 000755 « 001825 {1/RAD)
CM(NS=-0NT) 1.469189 1.469189 +240093 1.709282 (1/RAD)

) _CONTROL 2 = OLF g o
CL(DS) «025615 + 016500 * -+000742 «015758 (1/0EG)
co(ns) .000329 «000151 * .000003 «000154 (1/DEG)
GM(9S) -.003513 ° -¢005480 * «001804 ~.003676 (1/DEG)
CL(NS=-D0OT) ~-3.643238 -3.643234 +1706408 -3.472629 (1/RAD)
co(NsS-nom ~.014563 -«014563 -.001727 -.016290 (1/RAD)
£M(NS=00TY =1.414440 . =lelb1kibb0 -e817938 -2.232378 (1/RAD)

CONTROL 3 - ELVT )
CL(DS) .015891 «020700 -.00072¢ «019980 {(1/DEG)
cn(nsy -.000055 « 000207 + 000006 «000213 (1/0EG)
CM(DS) -+061311 -.054600 «002781 -+051819 {1 /0EG)
cL(2S-DOT) -1.536890 -1.536890 -.196812 -1.733702 {1/RAD)
Co(IsS=00T) «001549 ¢ 001549 «001706 «003254% (1/RAD)
CM(2S-DOT} 2.8049017 2.804017 £ 721217 3.525235 ({1/RAD)
*Note: These numbers were obtained from quasistatic derivatives obtained from in-flight

parameter identification but were corrected only for the static effects of modes

higher than 7.

As a result, they are not truly rigid derivatives.

The additional

required corrections were made for the equations of motion in Table A-4.



APPENDIX B
ESTIMATION OF TIFS STABILITY AND

CONTROL DERIVATIVES FROM FLIGHT DATA

Data for parameter identification purposes was obtained on flights
487 and 488 of the TIFS. While both flights were flown with the general pur-
pose cockpit, flight 487 was flown with the side force surfaces removed. This
unusual combination was flown in order to determine whether the side force sur-
faces have an adverse effect upon the aileron effectiveness. Table B-1 summar-

izes the flight data conditions.

+
w
ot
&
©
n
m
"
'-l
3

Two ty
ler input (either elevator or DLF) consisting of a series of doublets. The
period of the first two doublets was selected to be equal to that of the short
period mode (5 seconds) while a third doublet was of shorter duration (2 sec-
onds). The second type input consisted of two elevator doublets followed by
two direct 1ift flap doublets each with doublet periods of 5 seconds. Input
time histories are included in the identification results shown later in this

appendix.

While advanced estimation techniques have the advantage of using
many data points and considering all parameters simultaneously, it is nonethe-
less useful to verify results obtained with simpler methods. One such method
uses the initial response of the vehicle to a step input to determine control

effectiveness terms.

Specifically the direct 1ift flap, elevator and aileron effective-

ness can be computed as follows:

An CZ“ACK

—chrin7 %
5 A%

k4

B-1
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TABLE B-1
FLIGHT CONDITIONS

INDICATED INDICATED FOWLER

FLIGHT/ INPUT AIRSPEED ALTITUDE FLAP DLF ESTIMATED

RECORD TYPE km/hr m deg deg REMARKS C.G.,% MAC

CLIMB

48778 8} 278 - 285 1950 0 -3.5%5 20.7
9 8y 278 1950 -3.5 ¥ 10 | Exceeded safety 20.7

trip

10 5; 274 - 285 1920 - 1950 0 -3.5 + 8 20.7
11 Se 271 - 284 1950 - 2010 0 -3.5 Se ¥ 1.25 20.7
12 8,84 | 267 - 296 1950 - 2030 0 -3.5 %8918, + 1.25 20.7

LANDING

487/21 J} 245 2070 15 +15 + g 20.7
22 6% 243 - 246 2010 - 2040 15 155 20.7
23 e 235 - 245 2010 - 2040 15 15 - T 1.25 20.7

CRUISE

48876 S, 447 2800 -3.5%3 22.15
7 s, 445 - 462 2790 - 2840 -3.5 §, * .65 22.15
8 Ser 8y | 445 - 450 2870 - 2840 0 -3.5%3 |8, % 65 22.15

AILERON

| DATA

48776 8, 278 1980 Climb - 20.7
7 3. 278 1980 Climb 20.7
20 8, 278 2070 15 15 Landing 20.7

NOTES: 1) Flight 487 flown with SFS removed.

2) Both flights flown with General Purpose Canopy.




Loz " T _ 7 0
%a ZS5b AS, L7 r7)
where C:Zf ] = trim 1ift coefficient, Table B-2
rem
Cacz = 1ift curve slope = .105/degree
Zyy = 721,286 kg-m?
Lya = 290,345 kg-m2 for aircraft minus side force
surfaces
?’ = dynamic pressure, kg/mz, Table B-2
S = wing area = 85.5 m?
c = mean aerodynamic chord = 2.90 m
b = wing span = 32.2 m
! = coupled damping in pitch = A([C;ng +<;né], Table B-2
.[i; = coupled damping in roll = <, +Zﬂc” » Table B-2

P Iry P

The angular acceleration é and 15 are determined from the ini-
tial slopes of 4 and o time histories when a rapid step input is applied.
The AJﬂ% is the maximum deflection from trim. The step inputs were electron-
ically generated and filtered through a first order filter with time constant

of T = .1 sec..

The results of these computations are shown in Table B-3 and some im-
portant differences exist between the 'identified" results and predictions of
Reference 19. The flap effectiveness as reported in Reference 19 is derived
from static flight testing techniques and exhibits a highly nonlinear behavior
(Figure B-1). The nonlinearity is skew symmetric about J} = -3.5°,

19. Reynolds, P. A., et aiJ "Capability of the Total In-Flight Sinulator"
Calspan Report No. TB-3020-F-4, July 1972. Also AFFDL TR-72-39.

B-3.



TABLE B-2

CONSTANTS FOR SIMPLIFIED IDENTIFICATION

/ / %
C ? M, * L
Records Lsrim (kg/m2) g r
LANDING .980 287 -1.13 -2.99
CLIMB .773 370, -1.35 -3.40
CRUISE .281 1049, -2.09 No data
. e e R
*Data is calculated from nondimensional derivatives of Reference 5.

TABLE

B-3

RESULTS OF SIMPLIFIED IDENTIFICATION OF
CONTROL EFFECTIVENESS

c (4 C
Vi m 74
5} 'Jé Jﬁ
Identified |Ref., 13| Identified | Ref. 13| Identified|Ref. 13
LANDING (& = 15° * 5) +.010 +.0086 | -.040 -.036 -.043  |-.097
CLIMB  (§,= -3.5 % 5) +.015 .034 -.041 -.036 -.043  |-.097
CRUISE (8, = -3.5"% 3) +.019 +.034 -.041 -.036 —  |-.097

B-4

RO S
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i ' i .;,/ Results from Simplified
------ el ey Aot SUREETEES EERRERERN DRRSRRRYS S Identification
Reference 19 O——O0 Landing
- bB—ao Climb - ]
O— Cruise
——— / J D Memecanen RS SN SR
/ 4
L/ P S P Wy ,: .......
-30 -20 -10 0 10 20 .30
3} » deg

Figure B-1 FLAP EFFECTIVENESS USING SIMPLIFIED IDENTIFICATION



While excellent agreement exists between the "identified" 1linear
flap effectiveness and the nonlinear curve at 53 o= 15°, this is not the

tr

[ 324
case at d& = -3.5°, The identified linear flap effectiveness was much

Ytrim
reduced when compared to the best straight line faired through the nonlinear

curve in the region é%r = -3.5 * 5°,

More will be said on this matter.

The elevator effectiveness (Table B-3) is "identified" (-.041) to
be 14% larger than that of Reference 9 (-.036). However, the "identified"
value agrees well with the Convair predicted elevator effectiveness (-.040)

for the CV-340 airplane.

The effectiveness of the aileron as identified (-.043) is only 44%
as large as in Reference 5.(-.097). The identified value adds evidence to
confirm an earlier parameter identification result using the Calspan BML tech-
nique in which the aileron effectiveness was determined to be -.036. These
differences have yet to be resolved since the Convair 340 has nearly identical
ailerons as the TIFS. The only substantial aerodynamic difference between the
CV-340 and the TIFS is the side force surfaces but recall that the side force
surfaces were removed for this flight. A third parameter identification re-
sult using analog matching has determined the aileron effectiveness to be -.042.
While it is not known why the Convair 340 data should differ so substantially
from the TIFS, it is clear that the aileron effectiveness is less than half

of that predicted for the Convair.

In order to determine both stability and control derivatives of
the TIFS, the Calspan Bayesian Maximum Likelihood Identification program (Ref-
erence 20) was utilized. This technique is essentially a locally iterated ex-
tended Kalman filter. The matﬁematical model employed is linear in both state

and measurement system models and is shown in Tables B-4 and B-5.

20. Chen, R.T.N., Eulrich, B. J. and Lebacqz, J. V.: '"Development of Ad-
vanced Techniques for the Identification of V/STOL Aircraft Stability
and Control Parameters', Calspan Report No. BM-2820-F-1, AD-730121,
August 1971,

B-6
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TABLE B-4

MATHEMATICAL MODELS

57.3

B-7.

Longitudinal equations of motion
AV = D, AV + Dg g + Dg A2 + Dy A + D5 A;,;»a;,ASa + D,
'q. = M:, AV+ Mg g +mMyl0 + M, ox + Mge As, +M3-} AS} + My
aé = ¢
A&k = Z AV + (1+24)q + 2540 + Tq A + Z5, Big+ 5, 85, + %
where Ay = V - Vg (m/sec) L5 = 8~ g, (deg)
= O - F - i
aoe 6, (deg) AS} S; S‘}t (deg)
Ad = a'a-‘t CC'?)
and subscript ¢ implies reference on trim condition.
Measurement system model
Av, = AV + ¥, (m/sec)
Gm =% * %b (deg/sec)
46, » 46 + Gy (deg)
_ L
avm z Ao - —Z—tL -2 + d-b y (deg)
. . cos .
Mg, = 5in G (4V -0, 86) + DLEHEL (pa-g-Z 08)+ Ny, (n/sec?)
_ . _ Sirag Y PR 2
Yoy, ° cos o g (AV -Dg AB) _—uszs (Aa-g 2969)+n}b (m/sec”)
Gm = 571 %
n - y sinop Ve ops .
dps, = s/n &g (AV - Dy a8) - (A& -g - 2,46)+ n& (m/sec2)



TABLE B-5
DEFINITIONS OF LONGITUDINAL PARAMETERS

FPARA -
r:f TER UnNrrs OEFINZITIONS
1 4 . 2 a7,
Oy Sae - Ves cp, * 3;‘ cas < o
_—m A 2 -2 _ Tx .
Dy Sec?-deq -~ % 573 S (p, + 573 Cos 573, °7 %t
m )
_— | - 22 cos o,
) sec*-deg 573 =
By m 35285 .,
9% |sec? geg 573 373 TPs,
de PSS LTy, Bt | -20523) . s o
z, m /sec 573 7 Cet o 57 Ve V2 9-< z
- - 5S & +-—2—sin 7 —I-Z—Cosq .-:a-—:-—-SC(_
Za sec mvz F° “la Ve £ miy Z mie F° ta
1 g .
of Sec T e s g
2 - 1 ~>
%5 sec mvg F° Css,
Z 1 ¥ -
%7 sec T vy gs fls}
e . z5c | 2 dc).ar_gr_r_'_ .
M, Toen— | M, * MaE, =573 %W{ G Cmet S|ty 5 S73rmiE,
’ — . _g95¢ _c¢ .
M? sec Mg *Md = g’—’—' E (c,,,g + C,,,q')
1 gsc [ ScPr
'"é. see? Mo "My o - Zyy L"Ma - am Sma c‘a]
1
M, M. Z
e sec? 4
: 2S¢
’ Mg + M, 2o =~ 22 ¢,
Mse Jec? e a “Se T4y ‘e
a5¢C
1 M s Me 2 [ - 2P Cp - C‘: ]




Required inputs are variance estimates of the states of the air-
craft and unknown parameters as well as the initial values of the states and
parameters. For this study the variance estimates were made sufficiently
large so as to have no impact upon the final identified results. Imnitial
parameter estimates in all cases were from Reference 19 and are shown in Column
2 of Tables B-6, B-7, and B-8. The root mean square measurement noise on the

six measurements used for the identification are shown in Table B-9.

A summary of the BML identification results is shown in Tables B-6,
B-7 and B-8 for the three flight conditions in Table B-1. At each flight condi-
tion several records were reduced with several resulting sstimates of the same
dimensional derivatives. These several estimates were combined in a weighted
average to form the last column of the above-mentioned tables. The averaging

was performed as follows:

R
h

™Ma

)

1Mo 177
”E,:]

where z = weighted average assuming the g, are independent
%, = the ith estimate of x
0;% = the variance of the ith estimate
n = number of estimates
Lgr 545 ]_; the variance of the estimate z
: -

The combined estimates were then nondimensionalized and presented
in Table B-10 (cruise data was converted to a c.g. of 207¢). Table B-11 shows
the nondimensional derivatives as predicted for these flight conditions by
Reference 19. Direct comparison between these tables is useful. To aid in
this comparison, Figure B-2 contains these nondimensional data plotted versus

angle of attack.
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TABLE B-6

PARAMETER IDENTIFICATION RESULTS
Flight Condition #1, Landing Configuration
)

Ve = 75 m/sec ‘sét = +15
H = 2,040 m 5o = 2120
W =23,810kg OF =*15
c.g. = 20.7 % MAC Flight 487
, No SFs
@ = 4.8
BML BML BML BML BML BML Combined
Parameter Prior Estimate RMS (o) Estimate RMS Estimate RMS BML
Name Estimate Rec.21-4 Rec.21-4 Rec.22-4 Rec.22-4 Rec.23-2 | Rec.23-2 Estimate
2, -.027 -.0337 .00257 +.0405 .00210 +.0116 .000785 | +.0114
0,(.3048)-1] .26 .254 .00403 +.152 .00653 +.221 .00204 +.222
D (.3048)1 0. ~ ~ ~ ~ +.0532 | .00201 +.0532
e
DJ}'( .3048)~1| -.0244 | -.0523 .000393 -.0592 .000623 ~ ~ -.0543
#, (.3048) -.0114 +.0334 .00261 +.00794 .00244 +.00433 | .000707 +.00644
Mg -1.16 -1.88 .0149 -1.66 .0207 -1.05 .00384 -1.12
My -.682 -1.14 .00429 -1.20 .00639 -.751 .00274 -.903
M5, -1.92 ~ ~ ~ ~ -2.30 .00447 -2.30
M,;; +.0979 | -.157 .000975 -.152 .00135 ~ i~ -.155
|z, .(.3048) | -.0609 | -.0479 .00183 -.0789 .00134 -.0539 .000548 | -.0568
Z, -.823 -.701 .00286 -.645 .00488 -.763 | .00159 | -.741
Zq, -.0928 ~ ~ ~ ~ -.0642 | .00166 -.0642
28y -.0663 | -.0794 .000307 -.0706 .000485 ~ ~ -.0769
AS, * g° *+ 5°

#3/
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TABLE B-7

PARAMETER INDENTIFICATION RESULTS

Flight Condition #2, Climb

vy = 85.9 m/sec &, = -3.5°
H = 1,980 5. = 0°
W = 24,770 kg Fe o
C.G. = 20.7% Flight 487, No SFS &, = 6.4 .
BML BML BML BML BML BML BML BML | BML Eombined
p ter| Pri isti t i RM Estimate| RM |[Estimate sstimate
arameter} Prior |kstimatel RUS |RStinate ) . RMS, | Estimgtg|p R 5| EStiNate et 13-4 Roc,]12- [Rec.12-5
D, -.0184 [+.00189 |.000401 | -.0747 | .000292 | -.0665 {.000531 [-.0266 |.000137 ~ ~ - . 0337
D (,3043)'1 .305 .149 . 00348 +.198 .00225 .254 .00181 .277 .00166 ~ ~ .242
Dso(.3048)1 O ~ P ~ ~ = P = 155 1700236 = = ~T1EE
25, (.3048)-1} -, 0819 [-.0257 |.000645 | -.0256 | .000405 ~ ~ +.00314 |.000393 ~ ~ -.0132
My (.3048) | -.00448]+.0396 .000734 | -.00655| .000418 | -.0275 |.000619 {-.0349 [.000196 | +.0452 [ .00144 [-.0251
My -1.32 -1.18 .00803 -.609 .00491 | -1.33 .00367 {-1.07 .00296 -1.14 .00668 |-1.08
My -1.29 -1.15 .00256 -1.17 .00189 | -1.10 .00249 1-1.27 .00152 -1.21 .00424 |-1.20
M3 e -2.48 ~ ~ ~ ~ -3.22 .00464 [-2.92 .00424 ~2.94 .00864 {-3.04
Miy -.00765 [-.238 .000983 | -.163 .000615 ~ -~ -.228 .000328 ~ -~ -.216
Z,, (.3048) |-.0475 |-.0772 |.000400 | -.0755 | .000253 | -.0376 |.000487 |-.0646 {.000145 | -.0453 | .00135 }-.0663
2o -.897 -.842 .00239 -.834 .00160 [-.81] 00139 1-.76]1 00114 -,.858 .00298 1-,799
Z5q =102 il ~ - M 0859 00168 1= .0748 00183 -.139 00326 Q882
25, -. 288 =177 Q00502 | - 147 000312 ~ o~ -.138 000267 ~ ~ =147
43, * 50 + g° * g° + g0
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TABLE B-8
PARAMETER IDENTIFICATION RESULTS

light Condition #3, High Speed, Cruise

F
0
Ve = 146 m/sec g, =-3.9 *3°
H = 2,820 m Sk, = o°
W = 24,040 kg Flight 488 o
C.G.=  22.15% SFS Installed @, = 1.1
} pri BML M M Combined
Paramete P}%or Estimate | RME %a')Esgykate gﬂL Estifate| RhY Esglkatﬁ OBMtne
Name EstimateiRec.6-1 |Rec.6-1 Rec. 7-1 |Rec %.1 Rec.8-1*|Rec,8-1* |Rec.8-2* JRec.8-2* [Estimate
D, -.0220 1-.0242 .000770 | -.0330 | .000684 {-.0292 |.000237 |-.0577 .00134 | -.0299
D, (.3048)~1] +.303 .132 .00583 | +.128 .00355 }+.130 .00344 |+.144 .00409 .133
Dse(.3048)"1] o ~ ~ -.0246 |.00464 |-.00621 }.00567 |-.0560 .00620 | ~.0270
Ds,(.3048)-11-.0831 |-.0189 .00122 ~ ~ -.0161 }.00105 ~ ~ -.0173
#y(.3048) |-.0155 }+.0869 .00191 | +.00709 | .00103 i+.0197 }.000654 i+.0286 .00191 | +.0220
My -2.02 -2.00 .0123 -1.73 .00850 §-1.59 .00764 |-1.77 .0118 -1.72
Mg -1.43 -2.53 .00669 1-2.27 .00611  1-2.36 .00454 1-2.24 .00716 | -2.35
Ms, -6.28 ~ ~ -7.61 .0185 -7.44 .0182 -7.77 .0267 -7.57
N +.336 -.693 .00288 ~ ~ -.573 .00131 o~ ~ -.594
Z,(.3048) }-.0172 |-.0219 .000898 | -.0276 | .000699 {-.0134 |.000443 {-.015% .00122 | -.0179
Zz -1.41 -1.32 .00367 1-1.52 .00268 }-1.52 .00246 1-1.53 .00309 | -1.49
| Zs, -, 160 ~ ~ -.251 00337 1-.213  1.00395 1-.242 . 00425 | -.237
z@@ -.453 -.199 . 000697 ~ ~ -.224 1. 000711 ~ —~ ~-.211
*Record 8-1 contains 39.5 seconds of data and SE and 8},inputs. Record 8-2 contains only

the first 20.1 seconds of the Record 8-1 data and

only 4,

inputs.



TABLE B-9

ROOT MEAN SQUARE MEASUREMENT ERROR

Measurement RMS
Av .037 m/sec
g .02 deg/sec
46 .02 deg
A Gy .03 deg
2
n%cg .049 m/sec
n, .012 m/sec?
cg

B-13




TABLE B-10

TIFS NONDIMENSIONAL DERIVATIVE SUMMARY —
IDENTIFIED USING BML TECHNIQUE

c.g. = .207¢c
LANDING |  CLIMB _ CRUISE*
C, /deg .0101 .00770 .00378
@&
Cps. /deg -.00160 .00377 .000239
e
cps% /deg .00164 .000321 .000153
C,, /rad** -43.4 -36.7 -37.7
¢ .
Cm, /deg -.0204 -.0201 -.0176
Crg, /deg -.0418 -.0428 -.0406
c,,,s” /deg -.00279 -.00362 -.00387
¢, . [/rad** -16.4 -13.9 -14.2
[-4
C,,, /deg .0950 .0941 .110
¢.; /deg .00844 .0100 .0175
e
C.y [deg .00982 .0173 .0156
k2
@ deg 4.79 6.36 1.07

* Note the c.g. has been changed from .2215¢ to .207c.

** Separation of C,. and C'"g is based on a ratio of % between them.

®
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TABLE B-11

TIFS NONDIMENSIONAL DERIVATIVE SUMMARY

\ Source: Reference 5
\, c.g. = .207¢c
\

‘ LANDING*** CLIMB CRUISE*
Cp,, /deg .00899 .00614 .00239
Cpg, /deg 0 1) 0
cM% /deg .000735 .00199 .000773
C”’q /rad -45, -45. -45.
Cpn,, /deg -.0170 -.0225 -.0137
Cpng /deg -.0357 -.0357 -.0358

e
Cm&l/deg +.00138 -.00157 -.000023%*
Crmg, /rad -17. -17. -17.
¢, /deg .105 .105 .105
CLSC /deg .0120 .012 .012
Cps /deg .00859 .034 .034

¥

a deg 4.09 6.01 1.47

*  Note c.g. has been changed from .2215c to .207c.

*%* The effect of changing c.g. position was large enough to change the sign

of this parameter.

*** This flight condition differs from the others in that both Fowler and
" Direct Lift Flaps are deflected. Derivatives which are not functions of

§, and 8 are C, che s c,,,g > O, ,C,,,Je-
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The trends discussed earlier in this appendix for elevator and
DLF effectiveness are again confirmed with the BML results. For the DLF, this
is shown clearly by comparison of Figure B-3 with Figure B-1.

It is believed that the BML parameter estimates are more accurate
than the estimates derived from Reference 19. As evidence to support this

belief, an integration of the equations of motion (Table B-4) using the pries
estimates (Reference 19) was performed along with a similar integration using
the combined BML estimates (Table B-8). In this computation the known measured
time history of the control deflection is used as the forcing function to the
equations of motion and the resulting integrated responses are overplotted on
the actual measured aircraft response to the same input. Over-plots of this
form will be called 'final integrations'' throughout the remainder of this sec-

tion.

Results for Flight 488, Record 8 (cruise configuration) are shown
in Figure B-4a, b, c. Figure B-4a shows the measured input sequence, elevator
doublets first followed by DLF doublets. Figure B-4b shows the results for the
prior estimates and B-4c for the BML combined estimates. The superiority of
the combined BML estimates is readily apparent. Other examples of other rec-

ords and flight conditions would show similar results.

In the course of the identification process, it was observed at
the landing and climb configurations that the mathematical model being used
in the identification process was less capable of accurately matching then
measured responses when the DLF was the forcing function as compared to the
elevator forcing function. This can be seen by comparing Figures B-5 and B-6.
Figure B-5 shows for an elevator input the final integration from Record 23-2
(the -2 denotes second attempt at identification of this record). Excellent
time history matches are observed. However, the matches for the DLF input at

the same flight condition are substantially poorer, Figure B-6.
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Several explanations for this are possible. As has been shown
earlier, the DLF has a nonlinear control effectiveness and this fact may be the
cause of the discrepancies observed in Figure B-6. Confirmation of this effect
can be seen in the residuals of the Kélman filter. The residuals are a time
history of the difference betweer the measured data (e.g., nch ) and the
filtered conditional estimate of that measurement. The residuals should appear
gaussian white and zero mean and deviations from this appearance are an indi-
cation of one of many p0551b1e forms of modeling errors. In Figure 6c, the
residuals are included to show the jumps in the l73cq residual at each change
in DLF position. This is a clear indication that the DLF effectiveness is a
function of DLF deflection. Although it was possible to have identified the
nonlinearity directly, this was not attempted because the length of time the

DLF was other than zero plus or minus a constant was very small.

Another possible explanation is that the downwash field leaving the
DLF takes a finite time to reach the tail where it will then introduce a de-
layed pitching moment into the aircraft. This type of phenomenon is clearly
not adequately modeled. Since the time delay would be less at the high speed
cruise configuration, better modeling at cruise configuration (as observed)

would result.
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Appendix C
COMPARISON OF COMPUTED AND MEASURED STRUCTURAL MODE
FREQUENCIES AND RESPONSES OF THE TIFS AIRPLANE

Experimental and analytical approaches have been combined in the
development of a dynamic model of the TIFS airplane for use in active control

design as described in Section III of the main body of the report.

The analytical approach has involved defining the basic geometric,
mass, and stiffness properties of TIFS for use in preparing inputs for the -
FLEXSTAB computer program (Reference 9). FLEXSTAB was then used to compute
normal vibration modes, equations of motion, and frequency responses of the
TIFS airplane to control and turbulence inputs. Some experimental results
were incorporated in the computer inputs although the FLEXSTAB solutions are
considered an analytical result. The computed stiffness parameters were modi-
fied slightly on the basis of frequencies measured in ground vibration tests
and quasi-static rigid body derivatives identified from flight data were used

as direct inputs to the computer program.

The experimental method for determining an aeroelastic model of
TIFS started with frequency response data measured in flight using sinusoidal
control inputs. The response of TIFS to turbulence was also measured. Section
ITI describes how transfer functions were derived from the flight data and how

these transfer functions were used in obtaining equations of motion.

An exact agreement should not be expected between the FLEXSTAB
and flight test results because of simplifications used in formulating the
structural model and use of the FLEXSTAB aerodynamic analysis beyond its strict
range of applicability. Therefore equations of motion developed for TIFS have
been based on flight test data in so far as possible. Some comments are
included concerning possible explanations for differences between theoretical
and experimental results but a detailed analysis of these differences has not

been undertaken.



C.1 LIMITATIONS OF THE ANALYTICALLY DERIVED DATA

It is recognized that assumptions made in the development of FLEX-
STAB restricted the validity of the aerodynamic theory to comparatively low
reduced frequencies. Consequently, FLEXSTAB could not be expected to make ac-
curate predictions of the aerodynamic forces associated with responses in the
higher frequency modes of TIFS. Also, the Internal Structural Influence Coef-
ficient Program (ISIC) of FLEXSTAB which was used in the analysis placed limi-
tations on the structural modes which could be modeled. In particular, it was
not possible to include degrees of freedom to represent motions of the engine
sprung mass on its vibration isolators and fore and aft bending motions of the
wing although they would be expected to introduce natural frequencies in the

frequency range of interest.

Although a reasonably good agreement has been obtained between
computed and measured frequencies for the TIFS airplane, only limited mode
shape data was available from ground vibration test results. These results
showed the computed node lines for the various vibration modes were in general
agreement with those found in the vibration tests. However, it would be neces-
sary to make additional response measurements in ground vibration tests to
ensure the detailed accuracy of the computed modes., Errors in the modal de-
scription of the airplane can lead to errors in the computed effectiveness of
the control surfaces in exciting the various structural modes. These errors
would not be the same for all vibration modes and could cause distortion of the

frequency responses.

C.2 DISCUSSION OF RESULTS

C.2.1 Zero Airspeed Vibration Frequencies

Table A-1 of Appendix A lists structural vibration frequencies of
the TIFS airplane measured in ground vibration tests and frequencies computed
by the FLEXSTAB Normal Modes Program using basic stiffnesses as originally es-

timated. In order to obtain a better agreement between measured frequencies
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and those computed for the original structural model, frequency computations
were also made using corrected or "tweaked" stiffnesses. The original wing tor-
sional stiffnesses were multiplied by a factor of 1.11 while all other original
stiffness estimates were multiplied by 1.177. The .computed zero airspeed fre-
quencies which were based on the '"tweaked" stiffnesses are also presented in
Table A-1 and are found to be in close agreement with the ground vibration test
results. Measured frequencies were not available for the 6th and 7th modes

for comparison with the computed values.

C.2.2 Variation of Structural Frequencies and Damping Ratios with Airspeed

Aerodynamic forces introduce couplings between the zero airspeed
modes and result in changes in the natural frequencies and damping ratios of
the structural modes with airspeed. The computed variations in these quantities
with airspeed and are shown in Tables C-1 and C-2 for structural modes computed
using basic stiffnesses and ''tweaked'" stiffnesses respectively. The basic
stiffness results given in Table C-1 were computed by the SD § SS program
of FLEXSTAB which does not include the effect of structural damping. Corres-
ponding results for the '"tweaked'" stiffness case are presented in Table C-2.

It is possible to include structural damping in modal computations carried

out by the LSA program of FLEXSTAB. A structural damping ratio, §_ . .=

.025 (structural damping coefficient g = 2 ¢ = .05) was assumed on the

basis of the ground vibration test results aigrgﬁzluded in modal frequency
and damping ratio computations with the LSA program. The results of those
computations are included in Table C-2., It was found that structural damping
had a negligible effect on the frequencies of the structural modes and in-
creased the damping ratio for each mode by approximately .025, the value of
the assumed structural damping- ratio.

The computed effect of the aerodynamic forces as presented in
Table C-2 indicates both increases and decreases in modal frequencies with air-
speed. In particular the frequency of mode 7 (the wing outer panel mode) de-
creases so rapidly with airspeed that it drops below that of mode 6 (2nd fuse-

lage and horizontal tail bending) at the cruise condition. The computations
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‘ TABLE C-1
COMPUTED TIFS STRUCTURAL FREQUENCIES (£, ) AND
DAMPING RATIOS (3 ) AS A FUNCTION OF AIRSPEED
BASIC STIFFNESSES (Original Estimates)

-0

FLIGHT CONDITION ZERO AIRSPEED LANDING CLIMB CRUISE
TRUE AIRSPEED (km/hr) 0 245.2 296.9 539.6
Sym,
Mode Mode Characterization ﬂstruc:) 'Fn (Hz) é‘ﬂ "r" (Hz) z"n 'Fn (Hz) z;ﬂ 'Fn (l/z) I’on
No. at Zero Airspeed =g/2
1 1st Wing Bending 0 3.02 0 3.21 |.1394| 3.21 {.1489 || 3.45 |.2515
2 Ist Wing Torsion 0 4.65 0 4.76 .03484 4.77 | .0374 ]| 4.88 }1.0794
3 Fus. § H. T. Bending 0 6.09 0 6.29 .01434 6.28 | .0156 || 6.17 [.0159
(approximately in-phase)
4 Fus. § H. T. Bending 0 6.90 0 6.89 |.118 6.96 | .1258 || 7.72 [.212
o
(approx. 180" out-~of-
phase)
5 2nd Wing Bending 0 9.01 0 8.99 [.0322{ 9.00 |.0345 )| 9.08 {.0599
6 2nd Fus. § H. T. 0 15.10 0 15.02 [.0045 |} 15.€3 | .0050 15.09f..0096
Bending
7 Wing Outer Panel Mode 0 17.25 0 16.16- ;.04241 16.19 | .0467 15.37¢'.0918

* Structural damping assumed zero in all computations.

¥ Aerodynamic coupling in the cruise condition caused the order of the frequencies of modes 6 and 7
to be interchanged.
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TABLE C-2

COMPUTED TIFS STRUCTURAL FREQUENCIES (4,,) AND
DAMPING RATIOS (;;) AS A FUNCTION OF AIRSPEED
"TWEAKED" STIFFNESSES

i i -
_ FLIGHT CONDITION 4 ZERO AIRSPEED | LANDING | CLIMB | CRUISE
g TRUE AIRSPEED (km/hr) ! 0 i 245.2 | 296.9 | 539.6
{ ; it : il i
| Sym. z ‘: 3i I ‘ “ !
{ Mode Mode Characterization 5"'“2": 1 f,(Hz)y T, ; f(Hz)| T, |F,(H2) %, | f",.,(HZ); Th
“No., ' | at Zero Airspeed =g/ ! - | i
| | | |
1 1st Wing Bending 0.0 | 3.28 0 || 3.47 | .128 3.47 |.1369( 3.69 | .229
L 0.025 154 .1626 | .255 |
2 { 1lst Wing Torsion 10.0 5.01 0 5.12 | .0305 | 5.12 [.0327} 5.24 | .0676
] |0.025 | .0556 .0578 .0925
3 | Fus. § H. T. Bending 0.0 6.51 0 6.72 | .0156 | 6.71 |.0170|l 6.60 | .0199
! (approximately in-phase) 0.025 .041 .0423 .0453
4 Fus. & H. T. Bendigg 0.0 7.45 0 7.44 .1085 || 7.52 |.116 || 8.30 | .1954
(approximately 180 0.025 .1326 .140 . 2177
out-of-phase)
5 2nd Wing Bending 0.0 9.77 0 9.75 .0296 || 9.76 |.0317) 9.84 | .0547
0.025 .0545 .0566| . " .0794
6 2nd Fus. § H. T. Bending|{0.0 16.31 0 16.22 .0063 ||16.23 | .0069/16.327{ .0108
0.025 .0312 .0312 4| 10357
7 Wing Outer Panel Mode 0.0 18.33 0 17.11 .0418 {|17.14 | .0461({16.28 | . 0931
0.025 .0656 .0702 L1179

*Modal frequencies were the same to

;sfruc,t = 0 and .025.

three significant figures assuming structural damping ratios of

*Aerodynamic couplings in the cruise condition caused the order of the frequencies of modes 6 and 7

to be interchanged.



indicate mode 3 (which at zero airspeed is characterized by approximately in-
phase bending of the aft fuselage and horizontal tail) to be comparatively
lightly damped. An even lower damping ratio was computed for mode 6 (2nd fuse-

lage and horizontal tail bending).

Table C-3 presentes a comparison of computed and measured structural
mode frequencies and damping ratios for the landing and cruise conditions.
The computed data is that given previously for the case of "tweaked' stiff-
nesses and an assumed structural damping ratio of ;'struct = .025. The
measured data were based on transfer functions giving the best fit to frequen-

cy response data measured in flight as described in Appendix D.

The computed and measured frequencies are all found to agree within
a few percent at both the landing and cruise conditions. In general, the
measured trends of frequency variation with airspeed are as predicted. How-
ever, the measured frequency for mode 3 increased in going from the landing

to the cruise condition while the computations indicated a decrease in fre-

quency.

The largest discrepancy between measured and computed frequencies
is found for mode 2 (1st wing torsion) at the landing condition and may in
part be due to simplifications in the structural modeling. The raw frequency
response data (e.g. Figure C-13a) indicate that two structural modes are pre-
sent in the neighborhood of 5 Hz. One of these which has a frequency below
5 Hz has a comparatively small effect on the measured responses. This mode
was not identified in Appendix D by the transfer functions giving the best
fit to the flight data. A peak in the raw data due to a second mode is seen
to occur above 5 Hz and its frequency for the landing condition as obtained
from the best fit transfer functions was found to be 5.52 Hz. The identifica-
tion procedure of Appendix D represented the structural mode transfer func-
tions as 10th order numerator polynomials in s over 10th order denominator
polynomials and it is possible the peak below 5 Hz might have also been iden-
tified if higher order polynomials had been used. On the other hand a fre-
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TABLE C-3

COMPARISON OF COMPUTED AND MEASURED

STRUCTURAL MODE FREQUENCIES AND DAMPING RATIOS

FLIGHT CONDITION LAND ING CRUISE
TRUE AIRSPEED (km/hr) 245.,2 250 (245 IAS) 539.6 517 (448 IAS)
Sym. Mode Characterization Computed* Measured ¥ Computed* Measured*‘
Mode at Zero Airspeed - .
No. P fo ()| 8, | £, B2)| 8, || Fn ()| &, | £, H2)| &y
1 1st Wing Bending 3.47 .154| 3.30 .085]|| 3.69 .255 3.55 .145
2 1st Wing Torsion 5.12 .056) 5.52 .046 || 5.24 .093 5.51 .060
3 Fus. and H. T. Bending 6.72 .041| 6.67 .047 || 6.60 .045 6.88 .062
(approximately in-phase)
4 Fus. and H. T. Benging 7.44 .133| 7.68 .038§ 8.30 .218 7.89 .060
(approximately 180
out-of-phase)
5 2nd Wing Bending 9.75 .055} 9.60 .044) 9.84 .079 9.90 .062

* Structural damping ratio, ébwdf .025, assumed in computing eigenvalues.

used in computations.

"Tweaked' stiffnesses

* Based on denominators of transfer functions giving best fit to frequency response data measured

in flight.




quency of 4.9 Hz was measured for the first wing torsional mode in the ground.
vibration tests and no other symmetric mode in this frequency range was

identified.

Data in Table C-3 shows that the modal damping ratios as derived
from frequency responses measured in flight are in general lower than those
found from the FLEXSTAB computations. Again results for mode 3 are an excep-
tion and show the computed damping ratios at the landing and cruise conditions
to be respectively 87% and 73% of the measured damping ratios. Variations
in the magnitudes of the computed damping ratios for the different modes were

greater than for the measured damping ratios.

Changes in frequency and damping ratio with airspeed as indicated
by the Table C-3 data include the effects of the aerodynamic couplings between
modes as well as the aerodynamic stiffening and damping of each mode indivi-
dually. Further insight into these total changes can be obtained by consider-
ing data in Table C-4 which show the variations in modal frequencies and damp-
ing ratios with airspeed as computed with and without aerodynamic coupling

between modes.

It can be seen from Table C-3 that the measured damping ratios for
mode 1 (1st wing bending) were approximately 55% of the computed values. How-
ever, the higher computed damping ratios do not appear to be associated with
modal coupling because results in Table 5 show little sensitivity of mode 1

damping ratio to aerodynamic coupling.

The measured damping ratios for the lst wing torsion mode (mode 2)
were 82 and 65% of the computed values for the landing and cruise conditions,
respectively. The measured damping ratios for mode 5 (2nd wing bending) were
approximately 80% of the computed values and did not seem to be appreciably
affected by aerodynamic coupling between modes. However, Table C-4 data sug-
gests that aerodynamic coupling was responsible for the low computed damping
ratios for mode 3. On the other hand, aerodynamic coupling is found to give a

significant increase in the computed damping ratio for mode 4.
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TABLE C-4

COMPARISON OF FREQUENCIES AND DAMPING RATIOS OF STRUCTURAL
MODES COMPUTED WITH AND WITHOUT AERODYNAMIC COUPLINGS,
CRUISE CONDITION *

_idode“_T | Characte;izatiﬁh Aero. Coupling Includedj Aero. Coupling Neglected
No. | £, (Hz) Z, Fn (Hz) n
1 1st Wing Bending 3.72 .254 3.56 .241
2 1st Wing Torsion 5.12 .099 5.19 .083
3 Fus. § H.T. Bending 6.70 .041 7.16 .093
4 Fus. § H.T. Bending 8.23 .219 7.90 .169
5 2nd Wing Bending 9.77 .078 9.81 .073

*Based on computer run 2-13-76. '"Tweaked" stiffnesses slightly different than
used in computing data in Table 3.
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C.2.3 Effect of Aerodynamic Coupling on Structural Mode Shapes Computed
in Forward Flight ‘

The natural structural mode shapes of the TIFS airplane at zero
airspeed were computed by the Normal Modes Program of FLEXSTAB assuming no
structural damping. In forward flight these zero airspeed modes are damped
and coupled together by aerodynamic forces resulting in a new set of forward
flight modes which have complex eigenvalues and eigenfunctions. It is found
that the aerodynamic couplings between modes made the mode shapes in forward
flight significantly different from the corresponding zero airspeed modes.
Table C-5 shows the relative amplitudes of the contributions of the zero air-
speed structural modes in the natural strucural modes computed for the cruise
condition. These data were based on modal computation outputs from the SD & SS
program of FLEXSTAB which included aerodynamic forces but neglected structural
damping. (Both aerodynamic and structural damping were included in the modal
calculations for TIFS carried out by the LSA program of FLEXSTAB and presented
in Appendix A). The contributions of the rigid body modes and the sixth and
seventh zero airspeed elastic modes were comparatively small and are not in-

cluded in Table C-5.

This procedure involves assuming the relative deflections and rela-
tive accelerations to be proportional for the response in a particular mode
and neglects the effects of the quasi-static responses in structural modes
higher than the seventh which are introduced implicitly in the results by the

use of the Residual-Elastic Option of FLEXSTAB.

It can be seen from an examination of Table C-5 that motion in the
first structural mode at the cruise condition is primarily due to the zero
airspeed first wing bending mode (n,) while motions in the fifth cruise

structural mode are primarily due to the zero airspeed second wing bending

mode (#,).

On the other hand wing tip motion in the zero airspeed first wing
bending (r,) and first wing torsion (r,) modes are of approximately equal

importance in the second structural mode at the cruise condition.
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TABLE C-5

RELATIVE AMPLITUDES OF CONTRIBUTIONS OF ZERO AIRSPEED MODES TO
COMPUTED MOTIONS IN STRUCTURAL MODES AT THE CRUISE CONDITION

Relative Amplitudes of Motion in Cruise
Cruise Zero Airspeed Mode Condition Modes due to Zero Airspeed Struct. Modes*
Mode No. [General] Characterization Pilot Sta. Wing Tip Tail Cone Stab. Tip
(Freq.) Coord. Accel, Accel, Accel. Accel.
1 7, 1st Wing Bend. 13.48 -j 1.62 -108.00 +j12,97 14.08 -j 1.69 22.15 ~j 2.66
7; 1st Wing Torsion - .44 +j 4,20 - .98 +j 9.30 | - .32 +j 3.04 - .94 +j 8,98
(3.69 Hz) 7s Fus. & H.T. Bend. 04 +j .17 .26 +j 1.21 .08 +j .36 1.30 +j 6.02
Ve Fus. § H.T. Bend. .07 +3 .34 .38 +j 1,92 .18 +5 .92 - 3.29 -j16.65
s 2nd Wing Bend. - .05 -j .28 .85 +j 4,67 | - .07 -j .40 .28 +j 1.55
z 13.10 +j 2.81 -107.49 +j30.07 13.95 +j 2.23 19.50 -j 2.76
2 , 1st Wing Bend. 1.13 -j 2.57 - 9.05 +j20.60 1.18 -j 2.69 1.86 -j 4,22
7, 1st Wing Torsion 3.48 +j 9.84 7.72 +j21.81 2,52 +j 7.13 7.45 +321.05
(5.24 Hz) 73 Fus. § H.T. Bend. .29 -5 .39 2.07 -j 2.72 .61 -5 .81 10.28 -j13.55
A Fus. § H.T. Bend. 12 45 .11 .69 +j .64 .33 +5 .31 -~ 6.02 -j 5.55
s 2nd Wing Bend. - .15 +j .09 2.54 -3 1.67 |- .22 +j .14 .84 ~-j .56
z 4.87 +j 7.08 3.97 +j38.66 4.42 +j 4.08 14.41 -j 2.83
3 7, 1st Wing Bend. + 1.86 +j 2.48 - 14,93 -j19.86 |+ 1.95 +j 2.59 3.06 +j 4.07
2 1st Wing Torsion - 1.62 -j .85 - 3,58 -j 1.8 |- 1.17 -j .61 - 3.46 -j 1.81
(6.6 Hz) s Fus. § H.T. Bend. .74 +5 2.45 5.20 +j17.20 1.54 +j 5.10 25,84 +j85.49
s Fus. § H.T. Bend. 1.05 +j 1.82- 5.93 +j10.31 2.85 +j 4.96 -51.41 -j89.45
Ns 2nd Wing Bend. - .21 -3 .16 3.68 +j 2.90 - .31 -j .25 1.23 +j .97
by 1.82 j 5.74 -~ 3,70 +j 8.67 4.86 11.79 -24.74 -5 .73
4 1, 1st Wing Bend. - .31 +j .21 + 2,50 -j 1.65 |- .33 +j .21 - .51 +j .34
A 1st Wing Torsion .07 +3 1.39 .16 +j 3,07 .05 +j 1.00 .15 +j 2.96
(8.3 Hz) Ny Fus. § H.T. Bend. .13 +5 .84 .88 +j 5.91_ .26 +j 1.75 4,38 +3j29.39
Ne Fus. § H,T. Bend. - .88 -j 1.93 - 4.99 -j10.94 | - 2.40 -j 5.26 43,27 +394.90
ns 2nd Wing Bend. - .08 +j .06 1.27 -5 1.00 §- .11 +j .09 .42 -3 .33
z ~ 1,07 +j .57 - .18 -j 4,61 |- 2.53 -j 2.21 47.71 +j127.26
5 7, 1st Wing Bend. -~ 4,18 -j .78 33.51 +j 6.28 |- 4.37 -5 .82 - 6.87 -j 1.29
7, 1st Wing Torsion «. 5.68 +j 4.09 12,60 +j 9.08 4.12 +j 2.97 12.15 +j 8,76
(9.84 Hz) Ty Fus. § H.T. Bend. 1.64 +j 1.19 11.50 +j 8.36 3.42 +j 2.49 57.19 +j 41.58
¢ Fus. & H.T. Bend. ~ 1.43 -j .99 - 8.11 -j 5.62 |- 3.90 -j 2.70 70.31 +j 48,75
Ny 2nd Wing Bend. ~20.76 +j13.33 353.84 -3j227.22 | -30.09 +3j19.32 117.90 -j 75.71
= ~19.05 +jl6.84 403.34 -3209.12 | -30.82 +j21.26 250.68 +j 22.09

*Relative amplitudes have not been normalized and the comparatively small contributions
of the rigid body modes and modes i), and 7, have not been indicated.
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The effect of the aerodynamic coupling of the zero airspeed modes
is particularly evident in the case of the third cruise condition structural
mode. It is found that the fourth zero airspeed mode (74) contributes more
than the third zero airspeed mode (n;) to motion of the stabilizer tip in the
third structural mode at the cruise condition. Furthermore, it can be seen
that the third zero airspeed mode (#,) has a significant effect on the com-

puted motion in the fourth structural mode at the cruise condition.

C.2.4 Frequency Responses with DLF Excitation

Measured and computed frequency response data obtained with DLF
excitation at the cruise condition are presented on Figures C-1 to C-4 while
corresponding responses for the landing condition are presented on Figures C-5
to C-8. The measured responses were derived from data obtained in TIFS ACT
Flights 488 and 489 and were the basis for modeling of the flexible character-
istics of TIFS from flight test data as discussed in Appendix D.

The computed frequency responses were obtained from the LSA pro-
gram of FLEXSTAB. These responses are based on equations of motion generated
by FLEXSTAB which are presented in first order form in Appendix A. Computed
stiffness data required as inputs to FLEXSTAB were corrected slightly on the
basis of ground vibration test results as discussed previously. Measured rigid
body stability derivatives (Appendix B) were input as parameters in the equa-
tions of motion used in the frequency response computations. A comparison of
actual flight test conditions with corresponding conditions used in the FLEX-
STAB computations is given in Table C-6.

Figure C-9 shows the computed modal contributions (n3w~r ) of the
first five zero airspeed modes to the frequency response of the wing tip
accelerometer at the cruise condition. (The stiffness parameters used in ob-
taining Figure C-9 were slightly different from those used in computing the

responses shown on Figures C-1 to C-8).
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TABLE C-6

COMPARISON OF ACTUAL FLIGHT TEST CONDITIONS WITH

CONDITIONS USED IN FLEXSTAB COMPUTATIONS

Nominal | TIFS/ACT | FLEXSTAB Indicated
Flight | Flight Run Control Altitude Airspeed
Figure | Cond. | Number Date Input (m) (km/hr)
1 Cruise 488 _— ds 2,900 448
. " -—- 2-3-76 " 3,050 467
2 " 488 -— " 2,900 448
" --- 2-3-76 " 3,050 467
3 " 488 -— " 2,900 448
I --- - 2-3-76 " 3,050 467
4 " 488 --- " 2,900 448
" --- 2-3-76 " 3,050 467
5 Landing 489 --- " 460 245
_ " -—- 2-23-76 " 60 "
6 1" 489 ——— " 460 1"
" --- 2-23-76 " 60 "
7 " 489 —_—— " 460 "
N --- 2-23-76 L 60 "
8 " 489 — " 460 "
R -—- 2-23-76 " 60 "
|9 | Cruise | --- 2-13-76 " 3,050 467
i0 Landing | 489 --- Se 490 245
] " ——- 2-23-76 " 60 "
11 " 489 e 1" 490 "
N --- 2-23-76 " " 60 "
12 1] 489 _—— " 490 "
L " -—- 2-23-76 " 60 "
13 " 489 _—— " 490 ",
" -~- 2-23-76 " 60 "
14 " 489 ——- " 490 "
" -=- 2-23-76 " 60 "
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The curves on Figure C-9 indicate the presence of couplings between
the zero airspeed modes which were used as generalized coordinates in the anal-
ysis. This effect was discussed previously with respect to mode shape data in
Table C-5. Figure C-9 suggests that the couplings have a comparatively small
effect on the computed responses near the natural frequencies for modes 1 and 5
but have a pronounced effect on the frequency responses in the frequency-range

of modes 2, 3, and 4.

Computations of first wing bending mode (mode 1) responses to DLF
excitation at approximately 3.5 Hz far exceed the measured responses at all
accelerometer positions. The flight identification of rigid body derivatives
(Appendix B) showed the rigid body aerodynamic control forces due to DLF deflec-
tion to be less than the theoretical predictions and a similar result might be
expected at the comparatively low natural frequency of the first wing bending
mode {(mode 1). However, theré is also a discrepancy between the shapes of the
computed and measured amplitude ratio curves near 3.5 HZ. Thé wing tip accel-
erometer responses presented on Figures C-2a and C-6a indicate the computed
resonance peak to be broader than the measured ones. It does not appear pos-
sible to explain this difference on the basis of an incorrect coupling between
modes because a comparison of Figure C-2a and Figure C-9 indicates that the
computed total response near 3.5 Hz is almost entirely due to the first mode

response.

In general the best agreement between computed and measured re-
sponses due to DLF excitation is found close to the second wing bending fre-
quency (approximately 9.8 Hz). The Table C-5 data discussed previously indi-
cates the aerodynamic coupling between the zero airspeed modes to have a small
effect on the response at most accelerometer locations, but tended to make the
stabilizer tip motion somewhat longer. It is found that the greatest discrep-
ancies between computed and measured responses of 9.8 Hz are for stabilizer

tip motions suggesting that they might be associated with the modal coupling

terms.
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Figures C-1la and C-5a show large responses were computed for the
rilot station at 5 Hz (the first wing torsional frequency) while the correspond-
ing responses measured in flight are small. Evidently the direct 1ift flap ex-
cites smaller torsional motions of the TIFS wing than predicted theoretically.
Several factors which might explain this discrepancy have not yet been explored.
As mentioned previously neglect in the analysis of engine vibration isolator de-
flections and the fore and aft bending motions of the wing might have caused
inaccuracies in the computed torsional mode shape which in turn could have led
to an overprediction of the generalized forces exciting the first wing torsion

mode.

Large discrepancies exist between the computed and flight responses
at approximately 6.8 Hz which is near the natural frequency of the third sym-
metric mode found in forward flight (see Figures C-la, C-3a, C-5a, and C-7a).
It will be remembered that aerodynamic coupling between the zero airspeed modes
resulted in a low computed damping ratio for this mode as shown in Table C-4.
Also data in Table C-5 computed for the cruise condition indicated that aero-
dynamic couplings cause all of the first five zero airspeed structural modes
to contribute significantly to deflections in mode 3 at the cruise condition.
Furthermore, Figure C-9 shows how all zero airspeed modes contribute to the
although it has been characterized by in-phase bending of the aft fuselage
and stabilizer tip. This wing torsional motion produces large 1lift forces
which in particular tend to produce large response in the first wing bending
mode (N;). It can be seen by referring to Figure C-9 that the computed wing tip
acceleration due to first mode response is greater at 6.0 Hz than at the first

mode resonance frequency (3.6 Hz).

The computed responses on Figure C-1 to C-8 do not show large reson-
ant responses in the range from 7.4 to 8.3 due to mode 4 response. For example,
it is noted on Figure C~9 that there is no peak in the curve for mode 4 near the
fourth mode natural frequency of 8.3 Hz. The peak in this mode 4 response which

occurs at approximately 6.3 Hz is caused by coupling with mode 3.
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The absence of peaks in the computed mode 4 responses near the mode
4 natural frequency similar to those found in the measured data may in part be
due to the fact that the computed mode 4 damping ratio was approximately 3.5

times the measured damping ratio.

Most computed and measured phase data obtained with direct 1ift flap
excitation are in general agreement. However, differences are noted in the phase
plots for the tail cone (Figures C-3b and C-7b) and for the stabilizer tip (Fig-
ures C-4b and C-8b). The computed phase angle lag for the tail cone is larger
than measured for frequencies above 4 Hz while the measured phase angle lag for
stabilizer tip acceleration is greater than the computed angle in this range.

C.2.5 Frequency Response with Elevator Excitation

Figures C-10 to C-14 present measured and computed frequency re-
sponses obtained with elevator excitation for the landing condition. In general,
a somewhat better agreement between measured and computed results were obtained

with elevator excitation than with direct lift flap excitation.

The computed and measured responses due to elevator excitation are
small near the resonance frequency of the first wing bending mode (approximately
3.3 Hz). This would be expected because there is comparatively small motion
at the tail in the first bending mode resulting in small generalized forces due
to elevator deflections. However, it should be noted that a good agreement
exists between the amplitude ratios and phase angles of the tip accelerometer
responses shown on Figures C-12a and C-12b in the range from 3 to 3.3 Hz. At
higher frequencies the computed response is distorted by the presence of the

computed wing torsional mode response.

The flight test data shows that the wing torsional mode (mode 2)
could be excited by elevator inputs. The wing torsional mode resonance is most
evident in the frequency response of the acc¢elerometer at the pilot's station
(Figure C-10a). The measured peak amplitude of this resonance peak at 5.6 Hz.

The amplitude ratio for the corresponding computed resonance peak at 5.2 Hz
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\ exceeds the measured amplitude ratio by a factor of 2. The fact that there is

a narrow torsional peak at 5.6 Hz in the flight response obtained with elevator
inputs suggests that the absence of significant wing torsion peaks with direct

1ift flap inputs was due to small effectiveness in exciting the torsional mode

rather than that the torsional response was reduced by some effect not account-
ed for in the analysis.

The distortion of the measured torsion peak on Figure C-10a and
measured peaks above and below 5 Hz on Figure C-1la and C-13a suggest that there
are modes present involving wing torsional motion as discussed'previously. The
theoretical model only accounts for one of these peaks. Differences in the
amplitudes of the computed and measured responses in the neighborhood of 5 Hz

might be associated with this approximation in the theoretical model.

High computed resonance peaks found near 6.9 Hz with elevator exci-
tation result from the response in mode 3 (i.e., the mode which is character-
ized at zero airspeed by in-phase motion of the aft fuselage and stabilizer tip).
Corresponding peaks are also apparent in the measured flight responses. The
amplitudes of the computed and measured responses to elevator inputs at 6.9 Hz
are in good agreement at accelerometers located at the pilot station, c.g.,
and wing tip as shown on Figures C-10a, C-1la amd C-12a, but the computed re-
sponses are higher by a factor of approximately 2 at the tail cone and stabil-

izer tip (see Figures C-13a and C-14a).

The computed responses do not show a separate peak close to 7.44 Hz
which can be associated with mode 4 (i.e., the mode which is characterized at
zero airspeed by out-of-phase motion of the aft fuselage and stabilizer tip).
However, a separate resonance peak corresponding to mode 4 can be seen in the
flight data and is particularly evident in Figure 14a at approximately 7.8 Hz.
It will be remembered that the computed damping ratio for mode 4 at bending
was & = .133 while the measured damping ratio was only & = .038 which might

explain why the effect of mode 4 is more evident in the experimental response
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data, The large computed aerodynamic coupling between modes 3 and 4 caused

the high computed damping ratio for mode 4 and may have been responsible for
some distortion of the frequency response curves in the region of the third

and fourth mode resonances.
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APPENDIX D
MODELING OF THE FLEXIBLE CHARACTERISTICS

OF TIFS FROM FLIGHT TEST DATA

This appendix describes the method by which a flexible model for
the TIFS airplane was obtained from flight test data. This appendix also
shows how that analytical model was combined with rigid body characteristics
obtained from FLEXSTAB calculations to produce complete aircraft transfer

functions.

Flight test data were obtained by exciting the TIFS with oscilla-
tory inputs from the direct 1ift flaps and elevator. The surfaces were oscil-
lated at specific frequencies from 1.0 to 12.0 Hz, which is the flexible region
of interest. The amplitude and frequency of the oscillations were controlled
by electronic oscillator inputs into the surface command amplifiers. It was
attempted to keep the amplitudes high enough to get good data from each of the
sensors, but at certain frequencies the amplitude had to be limited. Linear-
ity was assumed in the data with the different amplitude excitations. This
was verified in flight when the input amplitude was changed while holding the

frequency fixed.

The accelerometer responses at various stations on the aircraft
and control surface position were recorded. Figure D-1 is a sample of an
unfiltered Brush recording of the digitally recorded data. From these servo
command input oscillations and output accelerometer recordings, frequency re-
sponse plots (amplitude ratio and phase) were generated. Every signal except
the pilot and C.G. accelerometer responses had identical filtering (a 17 Hz
low pass recording filter) which did not affect the relative phase and amplitude
ratio with respect to each other. The pilot and C.G. accelerometer responses,
however, had an additional 13.5 Hz, 4 = .9 low pass filter and the C.G. accel-
erometer an additional 17.2 Hz, " = .7 notch filter. The phase lag and amplitude
ratio loss due to these filters were taken out of the recorded data before these

signals were analyzed.
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The frequency response plots obtained from the flight data in the
range of 1 to 12 Hz contained some effects from the rigid body modes below 1 Hz.
Before these curves were finally analyzed, these rigid body effects wefe ex-
tracted from the data. This was accomplished by forming polynomials in with
the lower frequency (less than 1 Hz) poles and zeros obtained from FLEXSTAB 14th
order models (Appendix A) and calculating the rigid body phase and amplitude
ratio effects at the measured frequency points. It should be noted that most
of the derivatives that went into determining the short period mode in FLEXSTAB
were obtained from in-flight identification. New phase values were obtained
by subtracting this rigid body phase effect from the original measure phase.

New amplitude ratio values were obtained by dividing the rigid body amplitude
ratio into the original measured amplitude ratio. This left data that was only
a function of the higher frequency modes. Once these final frequency response
plots were obtained, a least squares curve fitting technique based on the method
presented in References 9 and 10 was used to estimate transfer functions which

yielded the observed frequency responses.

Good flight data was obtained at the 448 km/hr cruise condition with
direct 1ift flap excitation and at the 245 km/hr landing approach condition with
the direct 1ift flap and elevator oscillatory inputs. The amplitudes of

these inputs were approximately:

8} (448 km/hr) 0.5 to 1.5 degrees peak to peak
53 (245 km/hr) 1.0 to 4.0 degrees peak to peak

e (245 km/hr) 0.5 to 2.0 degrees peak to peak

Curve fittings with 10th order numerator polynomials in S and
10th order denominators were performed for each of the transfer functioms.
The 10th order model was chosen since previous ground vibration and past and
present flight tests on TIFS indicated five structural modes in the frequency
range of interest. For each flight condition, an identical denominator should
have been identified for each sensor transfer function. However, since they
did vary slightly from one another, a single. denominator was established by

the following technique. The factored out «'s and ;"'s for each of the

D-3



denominator modes from all sensors at one flight condition were taken and
averaged. The resulting averaged «w and ¢ for each mode were then used
to obtain the final denominator polynomial. With this new denominator the
curve fitting program was used again. However, only the numerator polynomials
were identified with the denominator held fixed. The steady state gain was

also held fixed at its known value from FLEXSTAB. Typical results from this

technique are shown in Figures D-2 to D-17. Included are all of the 448 km/hr

8} transfer functions and one of the 245 km/hr Se transfer functions.

The flexible airplane transfer functions identified from the modi-
fied flight data then were combined with the rigid body transfer functions from
the FLEXSTAB computations along with actuator dynamics to obtain the full trans-
fer functions. The steady state gain from FLEXSTAB was used when the rigid and
flexible polynomial fractions were multiplied to form the full transfer func-
tion. Two sets of transfer functions were obtained, one with second order

approximations of the actuator dynamics:

Sz 2524

Sz, 52 + 100.55 + 2524
Se _ 840

e,  S> * 428+ 900

and another set with first order approximations:

53 _ 35,1
530 - S + 35.7
Se 28.0

Scc st 30.0

In addition to data from six accelerometer locations, the pitch

rate response data, 2, was also reduced to obtain its transfer functions.

D-4.



R A
i Vo v
SN
LR L.

[ - N
ST Y
; i
vy '
i

PR N
' 1 1
R
T i T

FLIGHT DATA

ESTIMATED TRANSFER FUNCTION

e oo e e e
i
1

P

1
1

B

[ Tt S T
ke Dttt e

bap/s,b -

-3 R EEN) &)

€o/9fu Jo OILVY IANLITAWY

D-5

QUENCY - rad/sec

FRE

PILOT ACCELERATION (ngp)/DLF DEFLECTION (d3)

3

Figure D-2 FREQUENCY RESPONSE



FLIGHT DATA

£

g

ke

/9%u 40 319NV ISVHd

D-6

S 0g

FREQUENCY - rad/sec

Figure D-3 FREQUENCY RESPONSE, PILOT ACCELERATION (n;P)/DLF DEFLECTION (&5)



i
|
[

! - B HE + -
e B | i
l : . oy
8 AN MULAY BN NN SN

T

- x  FLIGHT DATA

ESTIMATED TRANSFER FUNCTION

T
0v'0
bep/s,b

0€°0

- -02°0
€9/ 10 oILvY

; ; 1 i ]
R R - NIRRT R S Rt
ST R R IS | L I
1

D-7

1: o1
3ANLITdWY

FREQUENCY - rad/sec

Figure D-4 FREQUENCY RESPONSE, C.G. ACCELERATION (n5CG)/DLF DEFLECTION (53)



S ey g

o T

bap -

¢o/9%u 40 379NV 3SVHd

D-8

FREQUENCY - rad/sec

Figure D-5 FREQUENCY RESPONSE, C.G. ACCELERATION (n3CG)/DLF DEFLECTION (&3)



[ o1
IR bk
R B I R

x FLIGHT DATA

T
) vt

ESTIMATED TRANSFER FUNCTION:

o1

;
A\l
3
I

6ap/s,6 - “g/Mu 3o or1vy 30nLITdWY

D-9

FREQUENCY - rad/sec

/ DEFLECTION (35)

)

Figure D-6 FREQUENCY RESPONSE, WING TIP ACCELERATION ("3WT



FLIGHT DATA

bap

WERR TR R R

- oMy 1o 319Ny ISWHA

D-10

FREQUENCY - rad/sec

Figure D-7 FREQUENCY RESPONSE, WING TIP ACCELERATION (n3WT)/DEFLECTION (63)



bap/s,b -

Lo/ lH8Ey 4o 011V

D-11

3ANLITdWY

FREQUENCY - rad/sec

Figure D-8 FREQUENCY RESPONSE, STABILIZER TIP ACCELERATION (

N 3py)/ DLF DEFLECTION (8;)



FLIGHT DATA

R
X

B S R s B B

|
!

B SO K ..1-

Bop - fo/tM¢u 4o 310Ny 3ISVHY

D-12

FREQUENCY - rad/sec
Figure D-9 FREQUENCY RESPONSE, STABILIZER TIP ACCELERATION (n,RHT)/DEFLECTION (8})



FLIGHT DATA

. EE
ol R IR
I....”t _ —_ = -e
I‘EJ - Wﬁ i
T e R
S 0

0671

T T T T S E S R AR T
08°0 i 0S'0 EoppD - 020

Bap/s,b - £

_‘
¢/MEu 40 01lvy 30NLITdWY

D-13

FREQUENCY - rad/sec

Figure D-10 FREQUENCY RESPONSE, MID WING ACCELERATION((n,Mw)/ DEFLECTION (d3)



FLIGHT DATA

ESTIMATED TRANSFER FUNCTION - |

1
1
1
{

I
1

|
oy L
e e fedn
" ;
1

fap -

£o/

4

P02
MWy 10 379NV 3SVHd

D-14

FREQUENCY - rad/sec

Figure D-11 FREQUENCY RESPONSE, MID WING ACCELERATION (néMw)/DLF DEFLECTION (&4)



FLIGHT DATA

X

!

1
i
{
1

i o : : ol
-_:...x_?_— DI VS JU

S T
gb'0- -1 0E'0

ﬁ
- 0270

6ap/s,6 - $9/4fu 40 OILYY 3ANLITdWY

D-15

FREQUENCY - rad/sec

Figure D-12 FREQUENCY RESPONSE, TAIL CONE ACCELERATION (n:T)/DLF DEFLECTION (53)



i

i
i
1

. '_'._
|
5

TRA
l.-l_.-u.l- B
:

!
i

<
R = o T
ol O —— RS T
... Ly e e
i = S d
T b= < (
= = T ;
e S = —HA-— —
— RN N T
-
[N KN |

AT NI N S A
I

NN

1
'
i

PR,

F I A SRR £

Bap - $9/1fu Jo 39NV 3ISWHd

D-16

FREQUENCY - rad/sec
Figure D-13 FREQUENCY RESPONSE, TAIL CONE ACCELERATION (n,T)/DLF DEFLECTION (5’)



Jo9s/23s/bap -

D-

1

@/b 40 OILVY 3ONLITdWY

7

FREQUENCY - rad/sec

PITCH RATE (q)/DLF DEFLECTION (53)

Figure D-14 FREQUENCY RESPONSE



- -_||||_.M| FRY £ L S N

LSRR P Pot o RN IS DML LI SRR
| I I Ty TTITO Ty i RS
I T B R N R B T
N . o, . L 1 L PP bl L . K
S RN R e e A A SRS
.. OIS U SR . SRR SRS SOV S U NP SSUDEN FURAIRY MM EDL I S
R R RN BV SRR SUCRRN SIS RPN S 7L ST I S
v i A T ! ; . : T
T Ty T o TTTTR R T T X T B
T R .
] BN ERERER R R s I O N SR S
T .. T . . : -

o= b e i og-
6op - £o/b 40 IT9NY ISYHd

D-18

FREQUENCY - rad/sec

Figure D-15 FREQUENCY RESPONSE, PITCH RATE (q)/DLF DEFLECTION (5;)-



S - |

ESTIMATED TRANSFER FUNCTION ©

- .'.-.r. PR
|

b ot
bap/s,b -

st | -0 il sy

2

D-19

IR L

o/LM€u 10 o1L1vy JaNLITdWY -

FREQUENCY - rad/sec

n3WT)/ELEVATOR DEFLECTION (&,)

(

Figure D-16 FREQUENCY RESPONSE, WING TIP ACCELERATION



FLIGHT DATA

dro it ok

bap -

U.Q\-_-

Mg

..y - 02— rw”ﬂmmmomh.”rrfmh.OI

U 40 3T9NY 3ISVHd

D-20

FREQUENCY - rad/sec

Figure D-17 FREQUENCY RESPONSE, WING TIP ACCELERATION (n;wT)/ELEVATOR DEFLECTION (4, )




Transfer Functions

The following transfer functions were obtained: (The units are
g's. deg. deg/sec). X, Y, Z locations for these accelerometers can be found

in Reference 6.

448 km/hr

3
N3pitot/S3e

n3CG/J%°

ny . ; /J%
dwing tip ¢ two sets - with first order 5;/4576

M3mid wing/67C f

with second order 53/536
/8,

N3stabilizer tip
/J?c

N3tail cone
q/a?:c /
245 km/hr

n3nilot’ S3¢
n3CG/53'c

/84,
/5§c >
/86

n - .
3wing tip two sets - with first order 63,/536

n, . .
dmid wing with second order 55/’5?t

N3stabilizer tip

N3tail cone/é%c

a/84 J
245 km/hr .

n3pilot/536
n’CG/éic

n3wing tip/éﬁc two sets - with first order 53/5%6

N3ctabilizer tip/‘sic with second order 5;/53,‘:’

/S%C

N3+2i1 cone

q/ch
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(The mid wing accelerometer located near the forward wing spar at
the side force surface was not excited enough with the elevator
to obtain good data).

All of these complete transfer functions are presented below with-
out actuator dynamics.
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COMBINED RIGID AND FLEXIBLE

TRANSFER FUNCTIQNS WITHOUT ACTUATOR DYNAMICS
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Appendix E

EXPLICIT-IMPLICIT MODEL-FOLLOWING RELATIONSHIPS

The maneuver load control system of Section V formulated the prob-
lem fifst as a feedback or an implicit model-following system with wing root
beindiné moment and torsion tradeoffs. The system was then transformed into
feedforward, command augmentation or explicit model-following systems. This
appendix will show how this transformation was accomplished, the equivalency
and relationships between the two methods of control system synthesis and
also some of the characteristics, advantages and disadvantages of each method

of control system synthesis.

Consider the two block diagrams below that schematically show the

feedforward and feedback model following configurations.

If the aircraft under control is given by

; _r )

%p pXp * GP Uy (E-1)
and the model is given by

Zm = F';n%m + Gm U—c (E-2)
then the control law for feedforward model following is given by

ap = /(,zm + KZ “C (E-s)
and for feedback model following

Up = Ky, = K = (E-4)

E-1
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The matrices of gains for both Equations (E-3) and (E-4) are given by
T -1
: = (6, &) 65 6, (E-5)
r -1 T '
Ky = (6, 6,)" 6, (F,, - F) (E-6)

'ﬁThé gain matfices of Equations (E-5) and (E-6) are a function
of the model dynamiés and the aircraft dynamics, and.feedback is not required
to theoretically obtain exact model following. It is a relatively simple
matter to switch from one configuration to the other. The maneuver load con-
trol system was mechanized ds a feedforward system so that the feedback gains
could be used for purposes other than maneuver load control; specifically

for structural mode suppression.

An even more advantageous model-following configuration is shown

in Figure E-2 below.

zm
“ K
DL  AIRCRAFT
W —{X MODEL | . . UNDER FH——D xp
Xm Ko CONTROL

Figure E-2 IMPROVED MODEL-FOLLOWING CONFIGURATION
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The matrix of gains is given by
-7
K = (65 6G,)7'6) (E-7)
r -1 T
2= (G, 6) G, (F- G, K,) (E-8)

which shows. that model following can be accomplished independently of the

model dynamic characteristics and for any feedback configuration.

The model-following configuration shown above can only be ob-
tained if the number of independent control variables is equal to the number
of degrees of freedom of motion of the aircraft. In maneuver load control
applications, this may not be a problem because an actively controlled air-
plane can generally be assumed to have more than the usual compliment of
active surfaces, and perhaps even a redundancy of independent ways to con-

trol the aircraft.

E.1 NUMBER OF CONTROLLERS LESS THAN NUMBER OF DEGREES OF FREEDOM

Although less likely to happen for an aircraft using active con-
trol technology, a feedback design can be partially cast into a feedforward
configuration if the number of control surfaces directly commanded by the

pilot is less than the number of degrees of freedom of motion of the vehicle.

To do this the equations of motion of the aircraft and the model

are partitioned as

. ~ |
A7 I T | T B (B-92)
) === 4 =--=-ll--- - « Aircraft

| %2 | _":/z ' F22 || #2 | | &2 N (B-90)

[ Zim| _ | Ftm 1 12 | [ Zian)] + (Gt (5-102)
) = | x o Model




~The objective is to define a control law such that Zz(é)=x2m(i-).
The control matrix partition &, is of rank equal to the number of available

independent control surfaces. Assume a control law of the form
w=Kizz, + KpZp +Kzz, (E-11)
Substituting Equation (E-11) into Equation (E-9b) yields

%2 = (Fop +G2K3)zy + Fa2%7 +GoKy Xy + Gr Ky %, (E-12)

By taking the Laplace transform of both sides of Equation (E-11)

the conditions for model following become immediately apparent.

(Ls - Fz2)%,(8) = (Fo1 +Go K3) 2 ,(S) + G2 Ky Is + G, Kz)xz”(s) (E-13)

7

The model-following requirements are satisfied if the following

conditions are satisfied:

Fa1 +Go K3 = O Ky = -(616,)716] Fa, (E-14a)
GoKa = =Faz Ky = ~(6162) 76l Fas (E-14b)
G, = T K, = (676,) 60 (E-14¢)

Equations (E-14) show that feedback is required to formulate a model follow-
ing or command augmentation system if exact model following is desired for
some of the states and if the number of control surfaces is less than the
number of degrees of freedom of motion of the aircraft under control. The
feedback is not from the model-following states, but instead is from those
states not expected to follow the model. The stability of the model-following
system shown above is determined by the roots of LIE "F}2F=0 and

LIS - F; +G,K5| =0, but considerable freedom exists in selecting feedback

for sfability and other purposes.
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E.2 OPTIMAL FEEDFORWARD MODEL FOLLOWING

Optimal mddel following can-yield a wide range of solutions de-
pending upon the performance index chosen. A typical performance index is.

oA T

V= ’Z""/ w[(y',, “ Yn) (G Gm) + “""ujdt (E-15)

subject to the constraint of the differential equations of motion of the

plant and the model, an uncontrollable part of the state

’T:” ) Fp O || %Zp| |Gp o (E-16)
Z,, O  Fm | |®m O
and ¢y < H(x-%,) (E-17)

Substituting Equation (E-17) into Equation (E-15) yields the performance

index
. (-4
V= ”;;”/ (ZTHQH%Z + W Ru)dt (E-18)
0
which yields a Légrangian
X=x"FHQHF, + 22" FTHTQHG «
+ uT(R+GTHTQHE)u + 276-,‘24sz+64¢) © (E-19)
The Euler-Lagrange equations become
A+FTA + FTHTQHGu + FTHTQHFx = O (E-20)

(R+GHTRHG) w + GTHTQHFE+ GTA = 0 (E-21)
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dﬁ& from Equation (E-21) the control law can bé obtained,
w=-(R+GTH Ta HG)"Gr[A-r H7Q HF'z]- (E-22)

Fronn Equations (E 20), (E 21), and (E-16), and with some mathematical man1pu1a-
tion, the steady state R1ccat1 equatlons can be obtamed

Ay oalg_TA
0 = T(I QG- R G )P,,+P,,F (I-6oR G, Q)

P
- -7 A _ A;_j 7 A . : _

| PuG,_DR Gan + FPQ[I Gy R GP Q]F; (E-23)

A A A

0 = E](1-86,R76]) Ay + Pu F6,R™1G7R + P,y F,,

A n A FA

1 GpR ,G; Pz - FPTQ [I‘GPR ‘c Q]Fm (E-24)
where = /-ITQH

A O>
i

R+G HTQHG

and the control law becomes
/\_’ T(
U= =RTG, (A2 + FaZypy+ QFx - QFp2y, ) (E-25)

a This control law resembles Equation (E-6) with the modification
that R is a guaranteed invertible matrix and F,, and £, represent
feedback and feedforward increments to the gains that minimize the difference
between the plant and model responses. If the model part of the Equation
(5-16) had a control term, i.e.

X = Fpp Xy + G th)y,

fhén the optimal control law would have been

A
w=-RrR G-PT(P,,x+P,2x,,,+6?Fz - Q£ z ) ,,,um (E-26)
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Then control law would then have even more closely resembled the '"exact"
model-following situation.

The implicit or the equivalent explicit model-following control
technique provides an effective tool for control system design if the ideal’
or the model, which serves as design objective, can be properly offiécurateiy
formulated.  The versatility of the resulting configuration, whféﬁﬁéén be
often mechanized as either a feedforward or feedback system, allows for con-
siderable design flexibility.
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Appendlx F

FEEDBACK FOR SENSITIVITY MINIMIZATION

‘It 1sn't enough to de51gn a control system, feedback or - feed-
forward to accompllsh a de51red result w1thout con51dering the sen51t1v1ty of
this des;gn to the real env1ronment, such as changes in fllght condltlons and
1mperfect1y known stablllty and control derlvatlves and the1r varlatlons

The minimization of the sen51t1V1ty of control system de51gns has
usually been treated as an interesting but secondary 51de11ne in the design of
flight control systems. Instead of trying to minimize sensitivity, the trend
has been to adaptive systems, gain programming or other techniques that com-
plicate and reduce the reliability of a flight control system. However, zero
or minimum sensitivity designs are possible. The technical content of this
report shows that there are alternate ways to satisfy a particular flight con-
trol requirement, there is no uniqueness associated with primary function de-
signs such as those that may satisfy flying qualities or minimum wing bending
moment requirements. Often a minimum sensitivity design can be selected with
little or no increase in complexity. If a control system design can be kept

simple, there is little justification for not doing it.
F.1 DEFINITION AND BASIC RELATIONSHIPS

Consider the basic regulator, defined by the fundamental linear

matrix differential equation

x(t) = [F(p) - G(p)K]|x(2) + G(p)u, x(0)=2x, (F-1)

where F(p) is an nxn plant matrix, G(p) is an nxm control effectiveness
matrix, K is an mxn matrix of feedback gains, x is an n dimensional state vector
and p is a vector of varying parameters. F(/o) and G(/:;) are functions of the

varying parameter vector p .

~ The functional notation of Equation (F-1) is appropriate for
aircraft because it defines the dependence of the dimensional stability
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derivatives on the ever-chang1ng environment of flight. For instance,
7pV5c

A46é'= 2 T fn; (@) = /Vké(yo’y:ck)
99 ¢
or, since air density is a function of altitude and temperature, it is appro-
priate to express Mg as a function of altitude, temperature, velocity, and
e

angle of attack,

To examine the behavior of the regulator subject to a parameter

variation, define the sensitivity vector or influence function differential
equation

o [Px\ _ dx IF 6
w(55) = (F-ex)3h) + (55 -55K) -2

Equation (F-2) represents a forced or non-homogeneous matrix of
differential equations. These equations can be investigated to determine how
2 (Z) can be made to be m1n1muT91n some sense. In particular, the solution
of feedback systems to minimize ———(Z) can be investigated.

op

Two observations are immediately apparent.

1. The amplitude of '"motion" of the sensitivity vector elements
§3§(£) depend directly on the feedback gains. Large feed-
back gain magnitudes will tighten the regulation, suppressing
not only regulator motion x(¢) linearly, but also suppressing
sensitivity vector motions in a quadratic sense. To show
this, take the Laplace transform of Equation (F-1) and solve

for z(s)
x(s) = (Is - F+GK) Gu,(s) (F-3)

¥

Substituting this result into a solution for ;7—(5) from

Equation (F-2) yields



dx

_1/9F | i}
55 (5)=(Is -F+6K) ,(;»'7 -0?76 K)(Zs -F+GK) " Gu,(s)  (F-2)

A tight regulator, therefore, defines an insensitive system.

**2. From Equation (F-2) it can be seen that the term 5;;-522,(
defines the extent to which the sensitivity vector '"motions"
are excited by regulator motions. A matrix of feedback gains

that satisfies the equations

-7
2 - ZZk =0, i.e., K= I:JGJ o (F-5)

ap ap
would completely remove all excitation from the sensitivity
vector equation, forcing

2% (t) = 0

2% (2)
and resulting in a zero sensitivity system with finite feed-

back gains, but this matrix of feedback gains of course does

not guarantee stability, nor is it guaranteed that approximation

to the inverse indicated by Equation (F-5) will be accurate.

In Section IV of the report it was shown that a maneuver load
control system could be mechanized either as a feedback or command augmentation
system, and this command augmentation could be modified to incorporate any
matrix of feedback gains used to control the actual aircraft. The feedback
system described in Section VI was designed for structural mode control, but
any functional use, presumably sensitivity minimization, could be employed in
the feedback system. The feedback gains could then be as defined by Equation

(F-5) or any approximation employing least squares or linear optimal control.

If the feedback gains have been designed for structural mode con-
trol or some other purpose, an increment to the feedback gains can be added
to consider the sensitivity minimization requirements in a way that guarantees
stability. The incremental gains that address the sensitivity minimization

problem can be obtained from the solution to the linear optimal control problem
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' ®\,3x\T_/3% 7 |
_ min -
V= "5 [ ]:_ap)Q(a_f) + 2 Rz |dt (F-6)

#(32) - tr-on(32) + (5 - 52 <)

where K has been previously designed for other or primary control system

purposes.

The solution to the problem presented by Equations (F-6) and
(F-7) is a straightforward one and has been discussed elsewhere in this report.

The optimal, minimum sensitivity vector regulator will have the form

(95N [ g e (2F - 36 4\ o-1(2F _ 3G, \ p} I -
5GE) e (G50 (5GP 5 e

From Equations (F-1) and (F-2), it can be seen that the optimal
regulator motions and the sensitivity vector '"motions' are defined by the same
system matrix. Therefore, the desensitized regulator of Equation (F-8) should

result in the same form for the primary feedback structure, i.e.,

A e 2F 36 IF _ 26 -
x-[l— GK - 7z ap/)iz EP QP’()P]”"'G‘% (F-9)

Using these techniques, it would seem possible to define a feed-
back control system to satisfy not only a primary purpose, but also a secondary

purpose of minimizing sensitivity while still guaranteeing stability.
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